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ABSTRACT 


The  Internal  Aerodynamics  Handbook  has  been  developed 
in  order  to  provide  a  convenient,  accurate  and  reliable 
interned  aerodynamics  design  manual  vhich  enables  rapid 
determination  of  the  internal  airflow  effects  on  airplane 
performance.  It  also  enables  the  computation  of  internal 
airflow  systems  performance  by  developed  theoretical  and 
empirical  methods.  The  scope  of  the  design  manual  relates 
specifically  to  internal  aerodynamics  for  the  complete 
aircraft  speed  range  up  to  and  including  Mach  3.5.  In 
addition  to  the  detailed  data  and  methods  presentation, 
an  extensive  bibliography  is  provided. 
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Airbreathine  vehicles  have  been  developed  for  much 
of  the  flight  spectrum  applicable  to  their  operation. 
In  the  twenty  year  history  of  turbo  .let  operation, 

H ieht  speeds  have  advanced  from  moderate  subsonic 
to  'lach  3  and  beyond.  Recently,  new  innovations 
have  appeared  such  as  high  by-pass  ratio  turbofans 
with  high  air  handling  capacities  which  make  induction 
system  losses  and  associated  drag  more  critical 
performance  items  than  with  conventional  turbo ’els . 
Variable  3-dimensional  inlets,  translating  spikes, 
and  translating  c owls  are  fairly  recent  innovations 
aimed  at  propulsion  system  optimization,  'lew  exhaust- 
system  techniques  such  as  variable  guided  expansion 
elector  nozzles,  blow-in-door  nozzles  and  P  suppres¬ 
sion  plug  nozzles  are  appearing  on  the  scene  to 
broaden  the  spectrum  cf  performance  trade-off  to  be 
accomplished. 


A  large  quantity  of  data  has  been  gathered  cr. 
airbreathing  propulsion  system  performance.  Rome  of 
these  data  reside  with  this  contractor  in  its  several 
divisions,  in  publications  of  several  governmental 
agencies  and  of  other  contractors.  In  the  field  of 
propulsion,  inlet  and  exhau3t  flows  and  their  effects 
on  vehicle  performance  characteristics,  there  has 
existed  a  definite  need  to  bring  isolated,  though 
related,  items  of  data  together  to  be  correlated  and 
interpreted  in  the  light  cf  known  theory.  The  effort 
presented  herein  was  developed  as  a  tool  by  which 
fut-ure  design  evaluations  can  be  made  on  the  basis  e 
a  much  mre  complete  and  comprehensive  correlation  o. 
the  large  quantit"  of  existing,  data  than  has  been 
available  in  the  past. 
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1.0  Inlet  Design  considerations 


In  order  to  furnish  the  aero-theraodynmaic  design  of  an  air  induction 
system,  &  great  deal  of  information  must  he  known  about  the  roles  and 
Missions  or  the  aircraft  and  about  the  ueviee/Ssriscs  that  ere  to  be 
supplied  with  air.  The  items  that  have  to  be  considered  as  design 
features  include  site  of  the  entry,  location,  Method  of  precaapresslon 
(if  required),  entry  lip  shape,  orientation,  cross-sectional  shape, 
boundary  layer  removal  provisions  (if  required),  and  secondary  air¬ 
flow  provisions. 

1.1  Inlet  Siting 

In  high  speed  flight  regimes ,  when  the  flight  Mach  number  is  greater 
than  the  inlet  entrance  Mach  Nuaber,  the  site  of  the  free stream  tube 
area  occupied  by  the  flow  that  is  required  by  the  total  propulsion 
system  is  the  mobt  important  criterion  for  selecting  the  siste  of  the 
inlet  capture  area.  This  is  particularly  true  if  the  aircraft  is 
being  designed  to  fly  supersonically.  This  parameter  varies  with 
flight  condition  and  hence,  its  variation  must  be  considered  over 
the  design  flight  envelope  of  the  aircraft. 

The  most  important  air  requirement  is,  of  course,  for  the  engine. 

Other  air  requirements  are  minor  percentages  of  the  engine  air  re¬ 
quirement,  usually  between  ?  and  25  percent.  Therefore,  an  evalua¬ 
tion  of  the  engine  air  freestream  area  requirement  trends  will  serve 
to  establish  the  requirement  trend  of  the  entire  propulsion  system. 
Figure  1-1  is  a  plot  of  the  typical  variation  of  corrected  airflow 
versus  Mach  number  in  the  stratosphere  for  a  turbojet  or  turbofan 
engine.  The  corrected  airflow  parameter  being  used  is  Wg  yr®tg/ 6 
where  Wg  is  the  engine  airflow  in  pound*  per  second,  is  the 

square  root  of  the  ratio  of  the  total  temperature  of  tbe  air  to  the 
standard  total  temperature  of  518.688°  R,  and  6  is  the  ratio  of 
the  engine  face  total  pressure  to  the  staadwd  total  pressure  of 
14.696  pounds  per  square  inch. 

Noting  that  the  corrected  airflow  demand  is  expressed  in  a  term  that 
includes  the  engine  face  total  pressure,  it  is  apparent  that  the 
inlet  sisr.e  requirement  is  a  function  of  the  iaiet  performance.  For 
purposes  of  this  explanation,  a  typical  inlet  performance  schedule 
will  be  assumed.  This  aaaussed  schedule  is  plotted  as  Figure  1-2. 


Corrected  airflow  divided  toy  flew  area,  k  /p^/ A  6  *»  la  a  function 
of  Mach  number.  This  is  easily  seen  whan  we  consider  the  f Miliar 
continuity  expression,  n  >  PAY,  V  >r0t/  A  <5  ^  is  tabulated  in 
Appendix  E  and  was  used  to  generate  the  plot  of  Aq  vs  H  coireipoud- 
ing  to  the  airflow  d^tand  plotted  on  Figure  1-1.  Appendix  E  also 
contains  tabulations  of  corrected  airflow  W  /V/A  5  t  ▼•reus  the 
totel  to  static  pressure  ratio  P-t/P  and  another  corrected  airflow 
parameter,  W  /"T^/A  P-t,  versus  Mach  number. 

Typically,  the  inlet  capture  area  repair rwant  is  determined  at  the 
highest  flight  Mach  maber_as  one  would  expect  fro*  the  Aq  versus  M 
trend  of  Figure  1-3.  Figure  1-4  depicts  the  relationship  of  the 
f.ceestreaa  tube  area,  Aq,  to  the  capture  area,  Ag.  The  ratio  Aq/Ac 
is  the  nass-flow-ratle  end  is  sa  important  paraneter  in  the  capture 
area  siting  equation.  The  equation  can  toe  expressed  as 

WD^2  /<S t2  ^t2 

W  ^  / A0  6to  6to  A0/Ac  (1.1) 


where  Mp  is  the  sun  of  the  engine  airflow  demand  plus  the  other 
flow  requirements  of  the  system  such  as  boundary  layer  control 
bleed  end  secondary  airflow.  6  6  is  equal  to  Pt2/Pt(!  • 

the  expected  operating  mass- flow-ratio  at  the  design  point  is  not 
realised,  a  downward  adjustment  is  required  In  the  6  6  t0  tern. 

This  is  accomplished  toy  a  downstream  motion  of  the  terminal  shock 
to  a  larger  area  where  the  increased  terminal  shock  Mach  masher 
will  increase  the  shock  loss. 

The  foregoing  inlet  siting  criteria  are  strictly  true,  only  when 
the  air  Induction  system  has  variable  geometry  with  sufficient 
authority  to  vary  throat  area  to  accommodate  the  high  corrected 
airflow  dssssad  that  the  engine  togs  at  lew  speed.  In  the  case  of  a 
fixed  geometry  islet  the  siting  expression  is  written  for  the  minlsrun 
or  throat  area  as 


Wl)  »^2_/£t2  5  t2 

Al  =  W  3yir  5ti*  ”5U  (1.2) 

where  W  l'r®/A^  5£1  is  at  the  desired  throat  Mach  nwsber  at  the 

operating  point  where  engine  corrected  airflow  dssanl  is  ~t  a  aexi- 
oum.  The  critical  sizing  point  may  toe  in  the  low  speed  flight 
regime  when  the  mas s -flow -ratio  or  inlet  velocity  ratio  is  greater 
than  1.0.  Selection  of  the  desired  inlet  Mach  number  may  then  toe 
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based  on  performance  requirements.  Ialit  performance  in  the  low 
speed  flight  regime  is  cowered  in  the  next  section.  (Section  2.0). 


1.2  Inlet  Location 


The  operating  enviroanent  of  an  inlet  is  governed,  in  part,  by  its 
location.  However,  because  of  the  requirement  for  compatibility 
with  the  overall  arrangement  of  an  aircraft,  complete  freedom  in 
the  selection  of  location  is  not  usually  available.  The  large 
rmdomes  on  most  high  performance  military  aircraft  have  made  the 
nose  location  unavailable.  Also  aircraft  length  is  often  such 
that  the  duct  would  be  unduly  loag  with  the  inlet  at  the  nose. 

Hence,  the  inlet  is  often  located  some  place  aft  on  the  body.  One 
then  has  the  tark  of  selecting  the  location  around  the  periphery  of 
the  body. 

Figure  1-5,  which  was  taken  from  Reference  1  shows  the  flow  character¬ 
istics  about  u  body  of  revolution  at  moderate  supersonic  speeds . 

This  set  of  characteristics  indicates  that  the  bottom  quadrant  is 
the  store  favored  location,  with  the  top  running  second  best.  Con¬ 
siderable  angularity  and  increased  local  Mach  number  are  Indicated 
for  the  sides.  However,  most  aircraft  bodies  are  not  bodies  of 
revolution  and  for  practical  reasons,  the  sides  are  often  selected 
for  Inlet  location.  The  bottom  of  the  body  is  shunned  because  of 
injest  ion  problems  and  possible  foreign  object  damage  to  the  engine. 
When  inlets  are  located  on  top  of  the  body  and  are  far  aft,  there 
is  considerable  danger  that  they  will  be  located  in  a  separated 
region,  particularly  at  angle  of  attack.  The  side  location  has 
been  used  with  success  in  several  applications.  The  flow  angularity 
and  freestream  Mach  number  elevation  measured  in  flight  tests  on  a 
high  performance  aircraft  with  side  inlets  were  quite  moderate  as 
shown  on  Figure  1-6. 

There  is  »vj  set  wethod  for  evaluating  the  Inlet  location  on  an  air¬ 
craft.  The  foregoing  discussion  was  meant  to  point  up  the  fact 
that  location  is  a  serious  design  consideration.  In  any  develop¬ 
ment  program,  measurement  of  the  inlet  local  environment  should  be 
given  high  priority. 

1.3  Method  of  Pre-Compression 

Pre-compression,  prior  to  the  terminal  normal  shock,  in  a  supersonic 
inlet  can  vary  in  dimensionality,  quantity,  and  complexity  accord¬ 
ing  to  the  requirements  of  the  air  vehicle.  Pre-compression  can  be 
2-dimensionel  (i.e»,  with  ramp/ raps)  or  3-dittensionsl  (conical). 

The  number  of  degrees  through  which  the  flow  is  forced  to  turn  de¬ 
pends  on  the  high  speed  requirements  of  the  aircraft.  The  number 
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of  oblique  shock  waves  selected  by  the  dstiga*?  depend*  upon  the 
required  performance  level.  Isentroplc  oppression  may  be  used  to 
achieve  the  required  results  in  some  cues.  And  finally,  the  pre- 
comprension  devices  nay  be  made  to  vary  with  speed  in  order  to 
optimise  performance  end  to  permit  better  inlet-engine  matching. 

Aircraft  requirements  con  vary  in  the  following  manner: 

1 .  All  Subsonic 

2.  Buie  Mission  -  Sustained  Supersonic 

3.  Subsonic  and  High  Supersonic  Mission  Requirements 

4.  Buie  Mission  -  Subsonic,  Supersonic  Performance  Level  Required 

5.  Subsonic  and  Moderate  Supersonic  Mission  Requirements,  High 
Supersonic  Performance  Level  Required 

6.  Subsonic  and  Supersonic  Mission  Requirements  with  IMphasis  on 
Low  Level  Operation 

While  detailed  trade-off  studies  are  required  in  the  final  select¬ 
ion  of  inlet  type,  the  type  selection  is  slanted  a  priori  by  the 
above  stated  aircraft  requirements.  It  is  easily  recognised  that 
the  all  subsonic  aircraft  does  not  need  pre-compression.  At  the 
other  end  of  the  spectrum,  the  aircraft  with  a  sustained  high 
supersonic  basic  mission  can  well  use  a  multi-shock,  mixed  external- 
internal  compression  inlet  to  maximise  net  propulsive  effort  and 
minimise  specific  fuel  consumption.  If  the  supersonic  speed  per¬ 
formance  requirement  is  sufficiently  high  on  the  other  four  cate¬ 
gories  cited,  mixed  compression  might  be  required.  External  turn¬ 
ing  limitations  are  cited  in  Reference  2.  One  criterion  is  that  of 
shock  structure  requirements  as  they  relate  to  satisfying  equal 
pressure  across  the  vertex  sheet  between  internal  and  external 
flow.  The  other  criterion  relates  to  satisfying  shock  attachment 
of  both  external  and  internal  flow  in  supercritical  operation. 

This  turning  restriction  is  of  little  consequence  below  a  Mach 
number  of  2.5.  The  air  induction  system  requirements  of  a  highly 
maneuverable  combat  aircraft  designed  to  operate  up  to  this-  speed 
can  be  satisfied  with  sll  external  inlet  compression  with  less 
inlet  control  system  complexity  and  fewer  of  the  attendant  technical 
risks.  Aircraft  designed  to  operate  above  Mach  2.5  may  be  required 
to  have  partially  internal  shock  systems  to  satisfy  performance 
requirements . 

The  3-shock,  two  oblique,  one  normal,  all  external  systems  has 
been  a  fairly  conon  choice  in  supersonic  inlet  design.  A  fixed 
leading  edge  wedge  usually  is  used  to  generate  the  first  oblique 
shock.  Variable  compression  geometry  on  the  second  shock  is  quite 
simple  to  design  into  the  system  by  allowing  the  second  oblique 
shock  to  be  generated  by  a  hinged  Becond  wedge.  Dp  to  t  Mach 


number  of  about  2.0,  near  optimum  compression  is  available  from 
such  a  system.  The  deflection  angle  of  the  first  wedge  is  often 
limited  by  consideration  of  shock  detachment  at  low  supersonic 
speeds.  For  Instance,  a  10  degree  wedge  generates  a  detached 
shock  until  a  Mach  number  o'  1.43.  When  the  first  wedge  angle  is 
thus  limited,  the  strengths  and  static  pressure  ratios  of  the 
other  two  shocks  tend  to  become  excessive  in  the  Mach  2.0  -  2.5 
regime. 

Isentropic  compression,  using  a  curved  compression  surface,  can 
be  used  to  improve  performance  and  control  shock  strength  in  that 
Mach  number  regime. 

The  choice  of  3-dimensional  or  2 -dimensional  compression  is  often 
made  by  general  arrangement  considerations.  Abetter  overall  con¬ 
figuration  Is  probably  achieved  with  3-dimensional,  axisyametric 
compression  if  the  engine  is  mounted  in  an  isolated  nacelle  on  a 
supersonic  aircraft.  Again  it  is  stressed  that  detailed  design 
studies  are  required  to  arrive  at  a  final,  satisfactory  selection, 
and  developmental  testing  is  required  to  confirm  the  selection. 

1.4  Compression  Surface  Orientation 

The  question  of  whether  car  not  2-dimensional  compression  surfaces 
should  be  horizontally  or  vertically  oriented  faces  the  designer 
quite  often.  Intuitively  it  seems  that  the  horizontal  orienta¬ 
tion,  inherently,  has  a  higher  degree  of  attitude  tolerance  than 
the  vertical.  However,  there  have  been  vertical  ramp  inlets  that 
hove  operated  and  are  operating  successfully  at  angle  of  attack. 

The  development  of  attitude  tolerance  does,  perhaps,  provide  more 
challenge  in  the  case  of  the  vertical  ramp  inlet.  However,  there 
are  ways  in  which  it  can  be  accomplished.  Some  tolerance  to  angle 
of  attack  can  be  provided  by  canting  the  inlet  centerline  downward 
so  that  at  high  aircraft  angles  of  attack,  the  inlet  angle  of 
attack  is  quite  moderate.  Angle  of  attack  tolerance  can  also  be 
increased  by  modifications  to  the  upper  and  lower  sideplate  design. 
Therefore,  suitability  to  the  aircraft  general  arrangement  should 
be  the  governing  criterion  for  compression  surface  orientation. 

1.5  Boundary  Layer  Removal  Provisions 

High  performance  aircraft  with  the  inlet  located  on  the  body  or 
other  surface  on  which  boundary  layer  can  build  usually  require 
some  provision  ror  diversion  ox  all  or  part  of  the  boundary  layer. 
The  reasons  for  this  requirement  vary  with  the  aircraft  and  its 
flight  regime. 


Some  purely  subsonic  aircraft  require  boundary  layer  diversion 
because  the  high  static  pressure  gradient  in  the  entering  stream- 
tube  at  very  low  nass-f low-ratios  tends  to  interact  with  fuselage 
boundary  layer.  The  disturb sues  phenomenon  that  acsetisies  re¬ 
sults  is  often  referred  to  as  "duct  rumbla"  aad  will  be  discussed 
in  a  later  section  along  with  other  unsteady  flow  phenomena. 

Supersonic  aircraft  with  pre compression  always  require  boundary 
layer  diversion  when  boundary  lay5 r  is  present  in  order  to  oper¬ 
ate  satisfactorily.  Ingested  boundary  layer  would  react  with  the 
initial  shock  aad  compound  shock  -  boundary  layer  interaction 
problems  with  the  subsequent  shock  wares. 

Detailed  attention  needs  to  be  paid  to  the  design  details  of  the 
boundary  layer  diversion  device.  Hie  major  problems  that  can 
occur  are  related  to  failure  to  give  the  intercepted  boundary 
layer  a  sufficiently  clear  exit  path.  When  this  occurs,  the  flow 
blockage  can  feed  upstren  and  an  apparent  local  thickening  of 
the  boundary  layer  occurs. 

For  high  performance  and  adequate  inlet  stability  in  the  high 
supersonic  flight  regime,  boundary  layer  bleed  is  applied  to  the 
compression  surfaces  and  sometimes  to  the  walls  of  an  inlet. 
Distributed  porosity  has  been  demonstrated  as  being  quite  effect¬ 
ive.  However,  slots  which  are  more  attractive  from  an  ease  of 
fabrication  standpoint  can  be  located  so  as  to  perform  just  as 
effectively.  Hie  design  of  a  bleed  system  is  acmewaat  of  a  cut 
and  try  process.  The  correct  place  to  bleed  is  in  the  region  of 
shook  boundary  layer  interaction.  Bleed  slots  or  porosity  can  be 
located  from  just  upstream  to  just  downstream  of  the  expected 
terminal  shock  position.  During  exploratory  developmental  test¬ 
ing,  the  various  candidate  bleed  positions  can  be  throttled  down 
or  shut  off  to  determine  the  most  effective  location/locations. 
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FIGURE  1-3 


2 .0  Air  Induction  Sy.tam  Less  Determination 


The  major  ccmtirbuting  factors  to  the  loss  of  total  pressure  in  air 
induction  systems  vary  with  different  flight  regimes  and  operating 
conditions.  There  are  three  flight  regimes  within  the  scope  <&'  this 
study  in  which  the  makeup  of  the  loss  contributors  differ.  Canon 
to  all  three  of  these  is  the  loss  due  to  the  combined  effects  of 
fluid  friction,  diffusion,  separation,  and  changes  in  shape  and/or 
direction  in  that  part  of  the  system  with  purely  subsonic  flow 
most  immediately  forward  of  the  engine  face. 

In  the  static  and  very  low  speed  flight  regime,  the  pressure  losses 
due  to  flow  around  the  inlet  lips  is  usually  the  most  significant 
loss  contributor,  particularly  when  the  lips  are  fairly  sharp  and 
thin  as  on  most  high  performance  aircraft.  In  the  supersonic  flight 
regime,  the  losses  associated  with  shock  wares  become  significant 
contributors  to  the  overall  total  pressure  loss. 


2.1  Inlet  Lip  losses  -  Sharp  Lips 


Reference  (l)  is  a  classic  theoretical  presentation  of  the  mechanism 
of  the  total  pressure  loss  due  to  inlet  flew  over  completely  sharp 
lips  at  inlet  velocity  ratios  in  excess  of  unity.  This  theory  is 
developed  by  use  of  a  total  amentias,  balance  in  which  either  a  lip 
suction  force  or  a  loss  in  total  pressure  is  required  to  satisfy 
conservation  of  amentum.  In  the  case  of  a  completely  sharp  cylindrical 
inlet  which  does  not  have  lip  frontal  area  to  support  a  suction  force, 
the  necessary  total  pressure  loss  was  readily  theoretically  predicted. 
This  was  done  In  Reference  1  by  writing  the  momentum  balance  as 


YPl  Mi  Ai  +  (Pi  -  F„)  Ax  =  0O  =  yp0  Ac 


(2,1) 


and  writing  the  continuity  relation  as 
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Data  from  Reference  2 


This  relationship  is  plotted  as  Figure  2-1 
for  a  sharp  lipped  inlet  is  plotted  thereon,  and  shows  reasonsble 
substantiation.  Bie  reason  for  selection  of  Reference  2  data  was 
the  low  diffuser  loss  level  which  makes  the  comparison  near  valid 


without  separation  of  the  two  loss  contributors.  While  the  agreement 
is  very  good  at  inlet  Mach  numbers  up  to  about  0.7,  premature  choking 
is  noted  for  the  Reference  2  model.  This  is  believed  to  be  due  to  the 
approximately  1.5  diameters  of  constant  area  throat  in  the  model.  How¬ 
ever,  for  inlet  Mach  numbers  in  the  practical  range,  the  method  is 
shown  to  be  valid  for  predicting  losses  incurred  in  flow  into  a  sharp 
lipped  Inlet.  A  computer  program  has  been  written  based  on  equation 
2.4.  A  listing  of  the  program  is  included  as  Figure  2—38. 

The  sharp  lip  losses  derived  in  equation  2.4  are  an  invisced  phenomena. 
In  the  "real  world"  of  viscous  forces  an  additional  sharp  lip  loss 
occurs  due  to  separation  of  the  internal  flow  at  the  sharp  lip.  This 
separation  can  be  minimized  by  correct  rounding  of  the  internal  lip 
shape  (at  the  expense  of  internal  contraction),  however,  it  should  be 
emphasized  that  the  sharp  lip  losses  calculated  from  equation  2.4  are 
the  theoretical  optimum  performance  that  can  be  expected.  Since  equa¬ 
tion  2.4  is  derived  assuming  a  zero  external  cowl  thickness  and  since 
no  improvement  over  this  value  can  be  derived  from  the  internal  cowl 
shape  the  next  logical  question  is  “What  effect  does  the  external  cowl 
shape  have  on  sharp  lip  losses".  To  find  this  effect,  equation  2.1  is 
modified  to  include  a  force  on  the  stagnation  streamline  (F) 


00  =  +  F  (F  defined  positive  in  the  thrust  direction) 

If  this  equation  is  now  combined  with  equations  2.2  and  2.3  as  before, 
the  resulting  equation  is: 
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To  determine  the  effect  of  the  external  cowl  thickness  on  the.  force 
term  consider  the  integration  of  the  pressure  along  the  stagnatic  i 
streamline.  As  shown  in  Reference  (1). 
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2.4b 


where  S  is  the  stagnation  point  on  the  cowl.  The  term  on  the  left 
hand  side  of  equation  2.4b  is  just  the  pressure  drag  term  of  the  cowl 
which  will  Increase  with  increasing  thickness.  The  negative  sign  in 
equation  2.4b  shows  that  the  integration  along  the  stagnation  stream¬ 
line  from  frees tream  to  the  stagnation  point,  defined  as  F,  will  be  in 
the  thrust  direction  as  defined.  Therefore,  from  equation  2. 4a,  in- 
creasi  g the  cowl  thickness  will  increase  the  positive  force  term  which 
will  in  turn  increase  the  sharp  lip  losses.  This  again  shows  that  the 
sharp  lip  losses  of  equation  2.4  are  the  theoretical  optimum  performance 
that  can  be  expected. 


2-2 


2.2 


Inlet  Lip  Losses  -  Rounded  Lips 


*  P 


The  theory  for  inflow  losses  with  roui  led  lips,  at  mass  flew  ratios 
in  excess  of  unity,  is  an  extension  of  the  theory  for  sharp  lipped 
inlets.  Reference  1  gives  a  similar  expression  to  Equation  (2.4) 
for  the  estimation  of  inlet  total  pressure  recovery  for  a  round 
lipped  inlet;  it  is 
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In  the  above  expression,  a  value  of  K  equal  to  unity  represents  a 
perfect  vacuum  acting  on  the  inlet  lip  projected  area  Al- 


Reference  *•  represented  the  most  consistent  set  of  data  available 
for  the  performance  of  a  family  of  inlet  lip  configurations  which 
shared  in  common  a  relatively  low  loss  subsonic  diffuser.  The  sub¬ 
sonic  diffuser  loss  was  evaluated  from  test  data  taken  with  a  bell- 
mouth  inlet,  installed  and  was  considered  to  apply  at  a  given  iiuet 
Mach  number  for  the  entire  test  range  of  free  stream  Mach  numbers 
from  0  to  0.33- 

The  data  available  frem  Reference  2  included,  in  addition  to  the  bell- 
mouth  case,  a  sharp  lipped  profile,  round  inlet  lip  profile  shapes  and 
elliptical  profile  shapes.  Round  inlet  lip  profiles  with  radii  of  0.04, 
0.08,  0.16,  0.24,  and  0.32  inches  were  tested.  The  inner  minor  axes 
of  the  two  elliptical  profile  shapes  tested  were  0.08  and  0.176  inches. 
The  major  axes  of  the  elliptical  profiles  were  3-6  times  the  minor  axes. 


After  isolating  the  lip  loss  from  the  subsonic  diffuser  loss  by  the 
use  of  data  furnished  for  the  bellmout'n  inlet,  an  analysis  was  con¬ 
ducted  to  determine  the  varus  of  K  in  Equation  (£.5).  A  determination 
was  also  made  of  the  value  of  K  that  would  be  required  to  make  the 
lip  loss  vanish.  For  the  round  lip  inlets  the  two  curves  were  found 
to  have  same  similarity  in  shape  characteristic.  An  example  of  this 
is  shown  in  Figure  2-1  .  As  a  result  of  this  study,  an  average  set 
of  values  of  the  ratio  of  K  to  the  K  required  to  make  the  lip  loss 
vanish  was  derived  from  the  Reference  L  data  and  is  shown  on  Figure 
2-  -  .  Values  of  Kreq(i  are  plotted  in  Figures  uad  r  for 

freestream  Mach  numbers  up  to  0.4.  Since  the  values  In  Figure 


were  derived  T rom  faired  data  and  averaged,  they  were  then  ueed  to 
ctlculate  value#  for  cmqparlsoa  with  the  data  aa  published  in  Ref¬ 
erence  2  .  This  cs^srises  is  shows  is  Figure*  2-8  aad  2-  gad 
the  agreement  is  shows  to  be  suite  reasonable. 

Correlation  of  data  for  the  elliptical  p  efiles  va  quite  good  at 
the  static  test  condition  and  the  method  for  rounded  islet  lip  pro¬ 
files  can  be  used,  with  confidence,  at  static  conditions  for  a 
variety  of  curved  inlet  lip  profiles.  However,  at  forward  speeds, 
elliptical  and  circular  lip  profile  data  did  not  agree.  This  is 
because  the  lip  loss  is  dependent  uj on  the  pressure  force  generated 
inboard  of  the  stagnation  stremaline  of  the  entering  tier*.  At 
static  condition,  virtually  the  entire  lip  is  within  the  stagnation 
streasllne,  while  at  forward  speeds  the  point  of  impingement  of  the 
stagnation  streaalL  s  varies  with  speed.  Also  at  the  point  of 
tup  tag  ament  of  the  stagnation  stremline  the  pressure  Is  elevated 
locally,  and  this  affects  the  lip  suction  force.  The  amount  and 
extent  of  this  effect  is  concluded  to  follow  a  less  predictable 
pattern  in  the  case  of  the  elliptical  profiles.  This  is  believed  to 
be  caused  by  the  fact  that  the  elliptical  profile  has  a  varying 
radius  of  curvature  as  opposed  to  the  constant  radius  of  curvature 
of  the  circular  profile. 

For  arbitrary  lip  profile  shapes,  potential  flow  theory  provides  the 
analytical  base  on  which  predictions  of  lip  forces  can  be  made. 
However,  this  type  of  analysis  is  far  too  ce^lex  to  fall  within  the 
scop*  of  this  present  work.  In  order  to  provide  sense  guidelines  for 
nodifying  the  answers  obtained  fro*  the  method  given  for  circular 
profiles,  examples  of  data  taken  with  elliptical  profiles  is  shown 
plotted  with  the  corresponding  calculated  circular  profile  pressure 
recovery  on  Figure  2-8. 


2.3  Low  Speed  Inlet  Loss  Calculation  Method 


Following  is  the  suggested  method  for  calculating  the  inflow  portion 
of  total  pressure  losses  at  mass  flew  ratios,  »i/*©,  greater  than  unity. 
In  tills  method,  the  mass  flow  ratio  term,  mj/ic*,  the  ratio  of  mass  flow¬ 
ing  in  the  inlet  to  the  theoretical  choking  flew,  is  being  used  as 
the  reference  ratio. 
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Required  basic  geometric  data  is  the  ratio  Al/A}..  The  method 
herein  was  correlated  using  the  entire  circular  profile  inside 
and  out  but  ignoring  the  15°  cowl  on  the  outside  downstream  of 
the  lip.  Therefore  the  suggested  criterion  is  to  assess  the  lip 
frontal  to  the  15°  tangency  point. 


Select  a  range  of  low  speed  freestreaiu  Mach  numbers  to  be  analysed. 
Select  a  range  of  inlet  Mach  numbers  to  be  analysed. 


Evaluate  the  corresponding  values  of  total  pressure  ratio  for 
completely  sharp  lips  (Pti/Pto  @  Al  =  0 ) ,  from  Equation  (2.l)  or 
read  from  Figure 

The  reciprocal  of  Pti/Pto  @  Aj,  =  0  produces  1  .0  + 
can  be  readily  derived  from  Equation  (2.5). 


Calculate  the  value  of  K  required  to  make  tne  lip 


Kreqd  or  % 
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loss  vanish  as 


The  bracketed  quantity  was  determined  in  Step  5  above. 


If  present  correlation  is  acceptable  for  configuration  in  question, 
read  K/Kr  from  Figure  2-3  .  The  alternative  being  to  resort  to 
experimental  methods  or  potential  flow  theory. 


The  ratio  of  the  estimated  total  pressure  ratio  to  the  sharp  lip 
total  pressure  ratio  is  then  1.0  +  K  (A^/A^) 


After  obtaining  the  estimated  Ptj/Pto  =  (Pt^/Pto)^  _  0 

(1.0  +  K  (  Al/M  ) 

the  reference  mass  flow  ratio,  m/m*,  can  be  calculated  for  each 
point  analyzed. 


'me  mass  flow  ratio,  m/ar*  -  1.729  (p 


In,  ^  f  „  /p,  ^ 

t]_/  *  to'  t '1 


The  derivation  of  the  above  appears  in  Reference  1 


Many  tabulations  of  (p/Pp)  are  readily  available  and  M  — a~ 
can  be  shown  to  be  equal  to  M  VT^/T  ,  *  T^/T  being  also  readily 
available  in  tabulated  form. 


2-5 


2.4  Inflow  Losses  at  Subsonic  Speeds;  Mass  Flow  Ratios  Less  Than  1,0 

At  subsonic  flight  speeds  and  at  mass  flow  ratios  of  1.0  or  less, 
there  is  no  theoretical  inflow  loss.  The  losses  in  total  pressure 
that  occur  in  on  air  induction  system  in  this  flight  regime  can 
be  accounted  for  as  securing  from  friction,  diffusion,  or  other 
ducting  loss.  Methods  for  analysis  of  subsonic  duct  losses  will 
appear  in  a  later  section  of  this  report. 

2.5  Shock  Loss  Determination 

During  air  induction  system  operation  at  supersonic  speeds,  a  loss 
in  total  pressure  is  incurred  due  to  shock  waves  as  the  flow  is 
reduced  to  subsonic  speed.  Depending  upon  the  configuration,  the 
shocks  can  be  two  or  three  dimensional.  Another  breakdown  is  into 
the  categories  of  attached  oblique,  detached  oblique,  and  normal. 
The  latter  is  treated  as  a  one  dimensional  phenomenon.  There  is 
no  known  rigorous  theoretical  method  for  the  analysis  of  detached 
oblique  shocks. 


2.5.1  Ifonaal  Shock  Loss 


A  normal  shock  is  formed  when  a  pitot  entry  is  placed  in  a  super¬ 
sonic  airstream  or  also  can  occur  as  the  terminal  shock  in  a 
compression  chain  downstream  of  oblique  shocks  or  isentrOpic  com¬ 
pression  elements  as  3hown  in  Figure  2-9. 


Reference  4.  gives  the  following  expression  for  the  total  pressure 
ratio  across  a  normal  shocks 
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which  for  a  value  of  the  ratio  of  specific  heats,  y 
becomes: 
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of  1.40 
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For  aost  air  Induction  systos  analyses  in  the  flight  spectrum 
covered  by  this  present  work,  a  value  of  T  *  1.4  is  acceptable. 
Values  of  normal  shock  total  pressure  ratio  for  y  ■=  l.U  are 
plotted  as  Figure  2-10  along  vith  other  pertinent  normal  shock 
relationships  and  appear  in  Appendix  B  in  tabulated  form. 
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(-Dimensional  Oblique  Shock  Wave  Analysis 


The  expression  for  the  total  pressure  ratio  across  an  attached 
oblique  shock  is  similar  to  that  for  a  normal  shock,  the  differ¬ 
ence  being  that  the  upstream  Kach  number,  is  replaced  by  the 
component  normal  to  the  wave,  l.e..  Mi  is  replaced  in  Equation 
(2.6)  by  Mi  sin  Oyj,  where  is  the  shock  wave  angle.  Following 
is  the  expression  for  the  total  pressure  ratio: 
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which  for  y  a  1.4  becomes 

Pt2  „  /  6  M]2  sin2  Py  ^  3'5  f  6  ) 

ptl  ^  Mi2  sij?  0W  +^  5  j  \7  Ml2  sin2  -  ij 

Equation  (2.7)  is  valid  for  the  total  pressure  ratio  across  any 
shock  wave.  For  the  normal  shock  the  wave  angle  ©y  is  90°  and 
hence  the  sine  is  1.0  and  Equation  (2.7)  becomes  identical  to 
Equation  (2.6).  Figure  2-11  is  a  graphic  presentation  of  oblique 
shock  wave  velocity  relationships.  The  tangential  components  of 
the  velocity  are  equal  on  the  two  sides  of  the  shock  wave.  Equa¬ 
tion  (2.6)  can  be  used  to  calculate  the  total  pressure  when  the 
normal  component  of  the  upstream  Mach  number  is  employed.  The 
expression  is  valid,  also  for  three  dimensional  attached  oblique 
shock  waves.  The  relationship  between  the  surface  deflection 
angle  and  wave  angle  is  different  for  threa  dimensional  waves, 
but  the  relationship  between  the  total  pressure  ratio  and  the 
shock  wove  angle  remains  the  sane. 
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tveen  flow  deflection  angle,  5  ,  and  shock  were  angle,  tty . 
of  these  appear  below: 


ho. 

Two 


cot  &  =  tan  Cy 


(  Y  +  ll  Mi  2 
2  (M]_  2  B jjj2  tty-1 ) 


(2.8) 


which  for 
cot  £  * 


v  ■=  1.4 

tan  Gy 


becomes 


6  2 

5  (M^  2  sla^  Gy-1) 


1 


and 
tan  f 


2  cot  tty  (ifr  2  sin2  Sr  ~  1) 

2  +  Mj2  (  y  +  1  -  2  sin2  Oy) 


(2.9) 


which  for 
tan  &  = 


Y  =1.4  becomes 
5  cot  tty  (Hj2  sin2  tty  -  l) 
5  +  M-,2  (6-5  sin2  tty) 


In  Multiple  oblique  shock  systems,  there  are  optimum  combinations 
of  deflection  angles  for  each  supersonic  Mach  number.  The  re¬ 
sults  of  an  analysis  performed  by  K.  Oswatitsch,  the  translation 
of  which  appears  as  Reference  6,  give  the  optimum  angles  for  two, 
three,  and  four  shock,  two-dimensional  systems.  These  systems 
have  one,  two,  and  three  oblique  shocks,  respectively.  Each  has 
a  terminal  normal  shock.  Figure  2-12  presents  the  theoretical 
shock  pressure  recovery  values  for  optimum  two,  three,  and  four 
shock  inlets.  Figures  2-13,  2-l4,  and  2-15  present  curves  of 
the  optimum  deflection  angles  for  two,  three,  and  four  shock  in¬ 
lets.  Figures  2-l6,  2-17  and  2-l8  present  the  corresponding 
shock  wave  angles  and  Figures  2—15,  2—20  and  2=21  present  the 
corresponding  Mach  numbers.  For  the  analysis  of  non-optimum 
multiple  shock  systems,  tabulations  appear  in  Appendix  C  from 
which  theoretical  performance  of  the  shock  systems  can  be  analyz¬ 
ed.  Such  information  usually  is  presented  in  graphical  form, 
examples  of  which  can  be  found  in  References  4  and  5,  however  it 
was  felt  that  this  tabular  form  would  be  both  handier  and  more 
accurate.  The  range  of  deflection  angles  for  which  the  calcula¬ 
tions  were  made  extends  into  the  region  of  shock  detachment. 

When  thin  happened,  a  r- raiment  was  printed.  The  conditions  for 
shock  detachment  and  also  for  the  attainment  of  sonic  flow 
appear  as  Figure  2-22.  The  program,  from  which  the  Appendix 
tabulation  was  calculated,  makes  an  attempt  to  handle  the 


2-8 


detached  case.  As  vas  mentioned  previously,  tne  solution  for 
the  detached  case  is  not  theoretically  rigorous.  Test  data  re¬ 
sults  indicate  that  the  answer  in  the  tabulation  for  total  press¬ 
ure  ratio  in  the  detached  case  is  conservative.  Examples  of  this 
will  be  shown  in  a  later  subsection.  Sample  calculations  and 
substantiating  data  for  supersonic  air  induction  system  loss 
estimation  will  appear  later  when  all  the  loss  contributing  items 
have  been  discussed. 


2.5.3  Axisympetrlc  or  Three-Dimensional  Oblique  ghock  Wave  Analysis 


The  analysis  of  the  flow  field  downstrews  of  an  attached  oblique 
shock  wave  generated  by  a  right  circular  cone  is  considerably 
more  complicated  than  that  generated  by  a  two  -  dimon-i  ion&l  wedge. 
Equation  (2.7)  does,  however,  hold  true  for  the  total  pressure 
ratio  across  the  shock.  The  theoretical  expression  for  super¬ 
sonic  conical  flow  is: 


(  Y -D  vr  (Va2  -  vr2)  = 


cot  w 

0 


(2.10) 


where  Vr  is  the  velocity  along  a  ray,  to  is  the  ray  angle,  and 
V-n  is  the  maximum  velocity  attainable  by  adiabatic  expansion  to 
absolute  aero  temperature.  This  equation  and  its  derivation 
appear  in  Reference  7*  It  ce  be  solved  nrasericsily  by  the 
assumption  of  a  surface  velocity  and  the  knowledge  that  d  Vr/d  w 
is  zero  at  the  eurft.ce.  The  other  boundary  condition  is  Equa¬ 
tion  (2.7)  and  the  relationships  shown  on  Figure  2-11  at  the  shock 
wave.  Tabulations  of  some  of  the  pertinent  flow  parameters  of 
conical  flow  including  shock  total  pressure  ratio  appear  in 
Appendix  D.  Unlike  the  two- dimensional  case,  these  tabulations 
are  not  adequate  for  the  analysis  of  multiple  shock  conical 
systems . 
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A  conical  flow  field  Is  non-uniform.  This  is  shown  by  a  sampl*. 
solution  of  Equatj on  (2.10)  which  is  include!  in  Appendix  D. 
When  there  are  two  axternal  conical  shocks,  as  depicted  by 
Figure  2-23,  the  second  ware  is  curved  due  to  the  non-uniform 
conical  flow  field.  Reference  8  suggests  that  the  second  shock 
oar.  be  estimated  as  a  two-dimensional  shock  in  the  average 
conical  flow  field.  This  is  approximately  correct  when  making 
an  analysis  of  shock  total  pressure  ratio.  However,  this  does 
not  define  the  shape  of  the  wave  and  allow  one  to  determine 
accurately  the  intersection  of  the  two  shocks  and  the  relation 
of  the  second  shock  to  the  inlet  lip.  A  more  exact  analysis 
was  made  of  the  second  shock  in  which  the  orientation  of  the 
downstream  flow  field  was  checked  by  continuity  considerations. 
A  sample  result  is  included  in  Appendix  D  and  indicates  that 
each  element  of  flow  in  a  conical  flow  field  is  turned  through 
an  angle  equal  to  the  surface  turn.  An  additional  accuracy 
check  on  the  result  was  made  by  a  total  momentum  integration  to 
produce  an  additive  drag  coefficient  very  nearly  equal  to  aero 
for  the  cylindrical  control  volume  considered. 

In  addition  to  the  conical  flow  field  analysis  results,  EDPM 
logic  listing*  are  included  in  Appendix  D  so  that  internal 
aerodynamics  manual  users  wishing  to  perform  additional  external 
conical  flow  field  analyses  on  EDPM  will  have  them  available. 

Another  method  of  analysis  that  i3  often  used  for  axisymnetric 
flow  field  analysis  is  the  method  of  characteristics.  Refer¬ 
ence  Q  presents  a  programed  method  of  characteristics  write¬ 
up  that  is  suitable  for  calculations  of  the  flow  field  in  cases 
where  there  is  only  one  external  shock.  This  program  will 
mccoHModate  multiple  internal  shocks,  including  reflected 
oblique  shocks.  However,  sudden  slope  changes  such  as  the 
second  cone  of  a  double  cone  inlet  are  treated  by  that  pro¬ 
gram  as  generating  shocks  of  aero  strength. 

There  has  been  no  optimisation  analysis  performed  for  multiple 
shock  axisyssetric  inlets  as  extensive  as  that  performed  V>y 
Osvatitch  for  two-dimensional  inlets.  Reference  8  does,  how¬ 
ever,  present  values  for  optimum  single  and  double  cones  which 
eppear  as  Figure  2-24. 


2-10 


2. 6. 1.1  Sources  of  Losses 


Pressure  losses  are  caused  by  friction,  momentum,  and  turbulence 
effects  in  the  air  flowing  through  ducting.  Since  air  vehicle 
engine  inlet  ducting  is  relatively  short,  the  friction  losses  are 
relatively  small.  However,  friction  can  be  the  primary  Suuree 
of  subsonic  loss  in  straight  inlet  ducts  with  small  divergence- 
angles.  Friction  can  also  be  a  major  factor  in  the  loss  of  inlet 
ducts  with  bends  or  high  divergence  angles  because  the  momentum 
and  turbulence  losses  are  affected  by  the  duct  velocity  profiles 
produced  by  friction. 

Frictional  forces  are  generated  when  air  flows  along  duct  walls 
(or  other  solid  surfaces).  Except  with  rarified  air  (not  encountered 
in  engine  inlets),  there  is  no  slip  of  air  particles  at  walls, 
and  duct  flow  causes  shearing  stresses  in  the  air  near  walls.  The 
walls  therefore  impose  frictional  forces  opposite  to  the  direction 
of  air  flow.  The  wall  friction  also  builds  up  boundary  layers 
with  lowet  velocities  than  the  primary  duct  flow.  These  boundary 
layers  are  an  important  factor  relative  to  most  of  the  momentum 
and  turbulence  pressure  losses.  Friction  is  the  only  source  of  sub¬ 
sonic  pressure  loss  in  straight  ducts  of  uniform  cross  section. 

Momentum  forces  are  generated  by  the  static  pressure  distribution 
imposed  on  the  ducting  walls  (or  other  solid  surfaces)  by  the 
flow  pattern  of  the  primary  air  stream  (outside  the  boundary 
layer).  Elbows  impose  momentum  force  components  opposite  to  the 
direction  of  air  flow  because  there  is  centrifugal  acceleration 
of  the  air  during  turning.  Screens  impose  momentum  forces  opposite 
to  the.  direction  of  at-  flow  because  of  the  difference  between 
windward  and  leeward  surface  pressures  produced  by  the  flow. 

Turbulence  losses  occur  when  the  primary  flow  separates  from 
duccing  walls  and  produces  reverse  and  vortex  flow  near  the  wails. 
These  spurious  flows  produce  direct  losses  by  turbulence,  and  the 
separation  of  the  primary  flow  from  tne  walls  can  also  increase 
the  momentum  losses.  Separation  is  most  commonly  encountered  in 
regions  of  flow  expansion  or  deceleration.  These  regions  have 
adverse  (positive)  pressure  gradients  because  the  static  pressure 
increases  in  the  direction  of  flow.  When  the  low  velocity  fluid 
within  the  boundary  layer  cannot  cope  with  the  increase  of  pressure 
produced  by  the  primary  flow  stream,  reverse  flow  will  occur  along 
the  wall  from  the  higher  pressure  regions  further  downstream.  The 
pi imary  flow  Is  then  separated  from  the  wail  by  a  region  of  reverse 
and  vortex  flow.  The  onset  of  flow  separation  is  a  function  of 
the  nature  and  thickness  of  the  boundary  layer  as  well  as  the 
magnitude  of  adverse  pressure  gradient  (and  other  factors). 


Separation  is  more  likely  with  laminar  than  turbulent  boundary 
layers  and  is  most  likely  with  thick  boundary  layers.  Separation 
is  an  important  consideration  in  subsonic  diffusers  because  of 
the  required  adverse  pressure  gradients  . 

2 . 6 . 1 , 2  Correlation  oi  Duct  Component  Pressure  Loss  Data 

Basic  data  are  usually  presented  as  a  dimensionless  loss  coef¬ 
ficient  defined  in  terms  of  duct  dynamic  pressure  as  shotro 


below: 

*n 

= 

APT/q  =  loss  coefficient  of  a  specific  ducting 
component  (Section  2. 5, 4. 1  and  2. 5. 4, 3) 

A  Pf 

= 

total  pressure  loss  in  ducting  component 

d 

= 

PV^  =  dynamic  pressure  at  ducting  component;  inlet 

2g 

p 

= 

air  density 

V 

= 

air  velocity 

g 

= 

acceleration  of  gravity 

Most  of 

the 

available  loss  coefficient  data  are  In  the  form  of 

total  combined  (friction,  momentum,  and  .urbulence)  loss  for  a 
duct  component  when  connected  downstream  of  a  pipe  with  fully 
developed  turbulent  flow.  A  duct  length  25  to  100  times  the  duct 
diameter  is  required  to  obtain  fully  developed  turbulent  pipe  flow 
(References  10  and  11),  Engine  inlet  systems  usually  have  lengths 
less  than  tan  times  their  diameter,  and  their  duct  components  will 
have  undeveloped  duct  t low  (boundary  layers  not  extending  to  the 
centers  of  ducts).  The  friction  loss  of  at.  engine  inlet  duct 
component  will  therefore  be  dependent  on  the  characteristics 
cf  the  local  boundary  layer. 

The  boundary  layers  would  usually  be  thin  and  turbulent  near  the 
upstream  end  of  engine  inlet  subsonic  ducting.  During  supersonic 
flight,  an  inlet  has  one  or  more  shocks  upstream  of  the  subsonic 
ducting.  The  interaction  of  shocks  tilth  boundary  layers  tends  to 
produce  transition  to  turbulent  flow  and  thickening  in  boundary 
layers  (References  12  and  13),  but  the  thickening  is  usually 
suppressed  with  suction  boundary  layer  control  provisions  on 
engine  inlet  systems.  During  subsonic  flight,  the  throat  (minimum 
cross  sectional  area  (of  an  inlet  will  be.  a  short  distance 
downstream  of  the  lip  stagnation  regions.  The  short  flow  dis¬ 
tances  along  walls  tend  to  produce  boundary  layer  thicknesses 
which  are  small  compared  with  tbe  engine,  inlet  throat  size. 
However,  the  flow  distances  will  usually  be  long  erengh  to  obtain 
relatively  high  (greater  than  10^)  Reynolds  number  at  the  throat 
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(based  on  distance  from  ieadivig 
flow  is  likely  in  this  Reynolds 
the  adverse  (positive)  pressure 
(References  10,  11  and  14). 


edg?)-  Transition  to  turbulent 
number  range,  particularly  with 
gradients  downstream  of  the  throat 


Assuming  a  turbulent  boundary  layer  on  a  smooth  flat  plate  with 
no  pressure  gradient,  the  boundary  layer  growtn  can  be  approximately 
defined  as  shown  below  (Reference  10). 

6*  =  0.04625  x  /  (Rx)  —  local  boundary  layer  (2.11) 

displacement  thickness 

x  =  Distance  downstream  of  the  turbulent  bounuary 
layer  origin 

R^  =  Reynolds  number  based  on  the  dimensional  length 

downstream  of  the  turbulent  boundary  layer  origin. 


The  above  flat  plate  equation  can  be  used  to  estimate  boundary 
layer  growth  along  the  inside  of  duct  walls.  Wall  friction 
coefficients  can  be  estimated  from  experimental  data  (Reference 
11),  which  shows  magnitudes  similar  to  a  flat  plate  near  the  duct 
Inlet  and  magnitudes  corresponding  to  fully  developed  pipe  flow 
25  to  100  diameters  dowmstream  of  the  duct  inlet.  E.t.tnctes  on 
this  basis  (Figure  2-25) involve  inaccuracies  due  to  the  assumption 
of  a  turbulent  boundary  layer,  the  assumption  of  a  hydraulically 
smooth  surface,  and  the  neglect  of  p-essure  gradient  effects  on 
the  boundary  layer.  The  assumption  of  a  turbulent  boundary  layer 
introduces  little  error  in  skin  friction  estimates  because  the 
laminar  and  transition  flow  lengths  would  be  relatively  small  for 
engine  inlet  ducts.  The  assumption  of  smooth  surfaces  will  cause 
pressure  loss  estimates  to  be  somewhat  lower  than  actual  losses, 
but  there  is  no  practical  general  method  of  accounting  for  roughness. 
Neglect  of  pressure  gradient  affects  could  cause  large  errors  in 


thosa  of  flow  separation,  but  skin  friction  losses  are  small  compared 
with  momentum  and  turbulence  losses  for  these  conditions. 


Boundary  layer  thickness  is  an  important  factor  relative  to  sub¬ 
sonic  diffuser  momentum  and  turbulence  losses.  The  skin  friction 
coefficient  has  a  direct  effect  on  duct  friction  losses.  The 
pressure  loss  of  a  ducting  component  can  be  correlated  as  the  sum 
of  the  friction  loss  and  the  momentum  and  turbulence  loss  (References 
15  and  16).  The  usual  duct  friction  correlation  factor  is  four 
times  the  friction  coefficient  (Reference  12).  With  turbulent 
boundary  layers,  the  variation  of  friction  loss  factor  is  relatively 
small  (Figure  2-25),  and  a  typical  loss  factor  of  0.02  is  frequently 
assumed  for  pressure  loss  estimates  (Reference  17). 
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The  exact  region  or  boundary  layer  transition  to  turbulent  flow 
is  an  important  factor  in  the  subsonic  performance  oi  an  engine 
inlet  system.  If  transition  does  not  occur  near  the  engine  inlet 
systtr.  throat,  laminar  sepaiation  could  occur  within  the  diverging 
duct  The  loss  usually  would  then  be  much  greater  than  that  due 
to  iriction.  Inlet  performance  may  be  improved  by  a  lip  boundary 
layer  trip  when  the  operating  Reynolds  number  is  too  low  to  assure 
early  transition  with  a  smooth  surface.  Roughness  criteria  lor 
boundary  layer  tripping  are  available  (Reference  18). 

.6.1.3  Evaluation  of  Overall  Inlet  System  LojS 


Total  losses  art  evaluated  as  the  sum  of  individual  duct  component 
losses.  The  most  important  loss  is  usually  the  subsonic  diftuser 
because  it  contains  an  (adverse)  expanding  air  stream  with 
relatively  high  dynamic  pressures.  The  losses  are  therefore  add^d 
in  the  manner  which  yields  an  overall  loss  coefficient  relative 
to  the  dynamic  pressure  at  the  throat  of  the  subsonic  diffuser. 

This  involves  correction  for  cross  rectional  flow  area  differences 
of  various  ducting  components  as  shown  below. 

K0  ]T(Ai/An)^  Kn  -  Overall  engine  inlet  loss  coefficient 

based  on  throat  dynamic  pressure  (2.12; 

Kn  =  loss  coefficient  of  a  specific  ducting  component 
(Section  2. 5. 4. 2  and  2. 5. 4. 3) 

Aj  =  area  as  the  inlet  of  subsonic  diffuser  (throat) 
of  an  engine  inlet  system) 

An  -  area  at  the  inlet  of  a  specific  ducting  component 

The  above  relations  are  for  incompressible  [low,  and  thty  are 
exactly  applicable  only  at  low  Mach  numbers.  Typical  engine  inlet 
systems  have  relatively  low  Mach  numbers  except  at  the  throat 
(subsonic  diffuser  inlet).  Pressure  losses  usually  increase 
moderately  with  diffuser  inlet  Mach  number  except  in  the  range 
near  that  for  choling  (Figure  2-2t>),  but  there  are  considerable 
scatter  in  the  data  (References  16  and  19).  Test  data  indicate 
that  choking  occurs  at  an  average  Mach  number  somewhat  lower  than 
would  be  defined  by  the  theory  for  the  effect  of  boundary  layer 
thickness  (Figure  2-26),  probably  because  of  rmnor  flow  angularities 
at  the  section  which  chokes.  Compressibi1 ity  eEiects  are  usually 
neglected  when  computing  engine  inlet  system  pressure  losses 
because  the re  are  no  quantitative  general  analysis  methods 
available.  However,  the  compressibility  effects  always  impose 
pressure  losses  which  essentially  limit  engine  inlet  system  air 
flows  at  high  diffuser  inlet  Mach  numbers. 
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2.6.2 


S  ubsonic  Dif  f usion  Losses 


.  2,6,2. 1 


General  Considerations 


A  subsonic  diffuser  is  a  duct  which  increases  in  cross  sectional 
area  in  the  flow  direction.  Engine  inlet  diffusers  frequently 
have  complex  contours  not  conforming  with  any  geometric  shape. 

Typical  cross  sections  of  interest  are  (approximately)  round, 
rectangular,  and  annular.  Rates  of  divergence  arc  usually  not 
uniform  over  the  entire  length  of  an  engine  ini  t  diftuser.  These 
factors  limit  the  generality  attainable  in  geometric  correlation 
of  diffuser  pressure  loss  data. 

The  rate  of  divergence  in  the  direction  of  flow  is  an  important 
factor  relative  to  diffuser  performance.  Conical  divergence  is 
designated  by  the  included  wall  angle  (29w),  and  this  also 
provides  a  correlation  of  non-conical  diffuser  momentum  and 
turbulence  losses  (Reference  16).  Many  other  methods  have  been 
suggested  for  correlation  of  non-conical  diffuser  data  (References 
15,  16,  1.7,  19  and  20),  the  most  general  being  in  terms  of  an 
"equivalent  conical  diffuser”.  The  specific  designation  is  the 
included  angle  of  a  cone  with  the  same  inlet  area,  outlet  area, 
and  length  as  the  non-conical  diffuser. 

29d  =  2  tan"1  7a2  -  =  equivical  conical  angle  (2.13) 

TTTd 

•—  diffuser  inlet  area 

A2  =  diffuser  outlet  area 

Ld  -  diffuser  length 

The  equivalent  conical  diffuser  angle  provides  a  general  indiciaticn 
of  diffuser  length  required  to  achieve  divergence  from  one  cross 
sectional  area  to  another  fFigure  2-27),  and  it  can  be  utilized  to 
correlate  diffuser  friction  losses.  The  diffuser  inlet-to-outlet 
area  ratio  is  also  a  factor  in  diffuser  pressure  losses,  but  the 
area  ratio  correlation  for  momentum  and  turbulence  losses  is 
different  than  for  friction  losses  (References  15  and  16). 

Kn  =  kd  (1  -  A1/A2)2  +  ^d  [l-(Ai/A2)2]  (3.14) 

K.n  =  diffuser  loss  coefficient 

i 

kn  =  reference  momentum  pressure  loss  coefficient  for 
a  specific  type  of  diffuser  (Figure  2-2S) 

k<j  =  0.1412/I/Detan9c  =  reference  friction  pressure  loss 

coefficient  for  a  specific  type  of  diffuser  (Figure  2-29) 
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Ai  —  diffuser  cross  sectional  inlet  area 

A2  -  diffuser  cross  sectional  outlet  area 

,/J/De  =  a  weighted  average  cross  sectional  shape  factor  based 
on  diffuser  area  (A)  and  equivalent  diameter  (De) 


De  =  / p  =  equivalent  duct  diameter  (hydraulic  diameter) 


p  —  diffuser  cross  sectional  perimeter 

The  reference  friction  loss  coefficient  is  a  coefficient  normalized 
to  a  unity  friction  loss  factor  and  to  an  iniinitely  small  inltt- 
to-outlet  diffuser  area  ratio.  The  ratio  of  square  root  of  are? 
and  equivalent  diameter  accounts  for  the  effect  of  cross  sectional 
shape  on  friction  (Figure  2-29).  When  a  diffuser  incorporates 
a  change  in  shape  (i.e.  rectangular  inlet  and  circular  outlet 
cross  sections),  a  weighted  average  value  of  the  ratio  can  be  used, 
the  important  weighting  being  assigned  to  the  high  velocity 
regions  near  the  diffuser  inlet. 

The  reference  momentum  and  turbulence  loss  coefficient  is  a 
coefficient  normalized  to  an  infinitely  small  inlet-to-outlet 
diffuser  area  ratio.  Since  diffusers  have  adverse  (positive) 
pressure  gradients,  boundary  layer  thickness  is  art  important 
factor  relative  to  the  losses  (particularly  flow  separation 
losses),  and  this  is  best  correlated  by  a  dimensionless  boundary 
layer  thickness  parameter  (Figure  2-28). 

6  x /R 1  =  boundary  layer  thickness  parameter 


6 


* 

1 


=  boundary  layer  displacement  thickness  at  diffuser 
inlet 


Rj  =  diffuser  inlet  section  radius 

(or  other  characteristic  dimension) 


The  diffuser  inlet  section  characteristic  dimension  Rj  is  half 
of  the  distance  between  diverging  walls  for  all  types  of  diffusers 
(conical,  rectangular,  and  annulars).,  and  this  defines  the  radius 
of  a  conical  diffuser.  The  boundary  layer  displacement  thickness 
can  be  estimated  for  subsonic  flight  (Figure  2-25),  but  is  usually 
dependent  on  the  unknown  effectiveness  of  the  inlet  boundary  layer 
control  provisions  during  supersonic  flight.  A  boundary  layer 
thickness  parameter  of  0.01  has  been  suggested  as  desirable  for 
inlet  boundary  layer  control  (Reference  19),  but  this  is  net  based 

on  any  quantitative  theoretical  or  experimental  data. 
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The  diffuser  loss  criteria  above  would  imply  that  increasing 
Reynolds  number  would  produce  decreasing  friction  loss  (Figure 
2-25)  with  no  change  of  momentum  and  turbulence  loss.  The  momentum 
and  turbulence  loss  could  theoretically  increase  with  increasing 
Reynolds  number  because  o£  boundary  layer  effects,  and  the  actual 
diffuser  loss  trends  with  Reynolds  number  are  not  known  (Refer¬ 
ence  16).  The  exact  effects  of  Reynolds  number  are  believed  to 
be  dependent  on  what  portion  of  the  total  loss  is  caused  by  skin 
friction.  However,  the  magnitudes  of  these  effects  are  believed 
to  be  relatively  small. 

2. 6. 2. 2  Conical  Diffuser  Losses 


More  data  are  available  on  conical  diffusers  than  any  other  type, 
and  the  diffuser  momentum  and  turbulence  loss  criteria  (Figure 
2-28)  were  developed  from  conical  diffuser  data.  Application  of 
this  criteria  for  a  selected  thin  boundary  layer  (  S'j/Ri  =  0.01) 
and  addition  of  friction  loss  (Figure  2-29)  for  typical  conditions 
(4f  =  0.02)  yields  conical  diffuser  loss  trends  (Figure  2-30). 

With  large  divergences  (small  inlet-to-outlet  area  ratios),  the 
overall  losses  are  lowest  for  approximately  5  to  10  degree  in¬ 
cluded  angles.  In  this  range  the  optimum  compromise  is  obtained 
between  the  friction  and  the  momentum  and  turbulence  losses. 

Conical  angles  smaller  than  optimum  are  seldom  of  interest  for 
engine  inlet  systems,  but  large  conical  angles  are  frequently 
desirable  to  obtain  short  diffusers.  Conical  diffuser  losses 
increase  very  rapidly  at.  included  angles  greater  than  approximately 
20  to  25  degrees,  and  the  losses  are  usually  greater  than  for  an 
abrupt  expansion  at  angles  greater  than  approximately  50  degrees. 
Zero  length  diffusers  (abrupt  expansion)  are  sometimes  considered 
for  engine  inlet  systems,  particularly  when  high  inlet-to-outlet 
area  ratios  make  the  absolute  loss  levels  relatively'  small 
(F igure  2-30) . 

Diffuser  momentum  and  turbulence  losses  increase  with  boundary 
layer  thickness  (Figure  2-28),  and  friction  losses  are  a  function 
of  flight  Reynolds  number  (Figure  2-25).  Large  (up  to  threefold) 
differences  in  the  conical  diffuser  pressure  loss  trends  with 
boundary  layer  thickness  have  been  observed  during  individual 
experiments  (Figure  2-30  and  Reference  16).  The  reasons  for  these 
large  differences  are  unknown,  but  boundary  layer  tripping 
techniques  appear  likely  to  be  an  important  factor  in  the  diffuser 
test  data.  Most  of  the  diffuser  tests  involved  boundary  layer 
tripping,  and  undeveloped  pipe  flow  tests  have  indicated  that 
tripping  can  produce  significant  increases  of  friction  not 
conforming  with  the  conventional  turbulent  boundary  layer  theory 
(Reference  11).  Although  the  boundary  layer  thickness  correlation 
herein  (Figure  2-28)  is  based  on  extensive  test  data  (Reference 
16),  the  accuracy  of  the  correlation  is  known  to  be  limited. 
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o.2.3 


Non-Conical  Diftuser  Losses 


Because  of  the  geometric  aspects  of  two  and  three  dimensional 
supersonic  engine  inlets,  rectangular  (or  square)  and  annular 
diffuser  cross  sections  are  frequently  of  interest.  Non-uniform 
divergence  along  diffusers  is  also  of  interest  because  lower 
pressure  losses  can  be  obtained  than  with  constant  divergence. 

The  many  geometric  variables  pertinent  to  engine  inlet  diffusers 
make  exact  general  definition  of  non-conical  diffuser  losses 
impractical.  Equivalent  conical  diffuser  angle  is  the  most  general 
criteria  for  rate  of  divergence,  but  wall  divergence  angle  has  been 
found  to  provide  better  correlation  of  pressure  loss  data  (Reference 
16).  For  non-uni f ormly  divergent  diffusers,  wall  angles  are  defined 
arbitrarily  in  terms  of  angles  subtended  by  the  inlet  and  outlet 
cross  sectional  areas  (with  minor  aerodynamic  fairings  near  the 
diffuser  inlet  and/or  outlet  neglected). 

Diffusers  with  uniformly  divergent  rectangular  and  annular  cross 
sections  have  greater  pressure  losses  than  conical  diffusers 
(Figure  2-31).  There  are  larger  momentum  and  turbulence  losses 
when  diffusion  is  not  axially  symmetric,  and  there  are  larger 
friction  losses  when  ducts  have  greater  wetted  surface  areas. 
Uniformly  divergent  diffusers  a>  :  limited  interest  in  engine  in¬ 
let  applications  because  lower  pi...-.are  losses  are  attainable  with 
non-uniform  divergence. 

The  most  efficient  configurations  of  short  diffusers  involve  non- 
uniform  divergences  commonly  designated  as  trumpet  shaped.  Exact 
optimum  shapes  of  such  diffusers  have  not  been  defined.  Diffusers 
with  many  arbitrary  shapes  (such  as  double  truncated  cones  and 
various  mathematically  defined  curves)  have  been  tested  (References 
15,  16,  17  and  22).  These  diffusers  have  losses  comparable  with 
conical  diffusers  of  lower  divergence  angles  (Figure  2-31).  The 
favorable  variable  divergence  results  have  been  obtained  with 
round,  square  rectangular  and  annular  diffuser  cross  sections- 
Exact  losses  in  such  diffusers  cannot  be  predicted  because  of  the 
complex  geometric  factors  involved  and  the  large  scatter  in  the 
available  specific  test  data.  However,  the  typical  overall  gains 
with  non-uniform  divergence  have  been  approximately  5  to  15  degree 
greater  wall  divergence  angles  than  conical  diffusers  with  approxi¬ 
mately  the  same  pressure  losses. 

2. 6.  2.  A  Boundary  L.ver  Control  Provision':. 


Boundary  layer  control  is  not  normally  required  tor  subsonic  air 
vehicles.  Subsonic  inlets  generally  permit  attainment  of  optimum 
diffusion  angles  without  excessive  lengths,  and  the  diffuser  inlet 
boundary  layers  are  generally  thin.  Supersonic  inlets  will  usually 
have  boundary  layer  control  for  any  regions  of  shock  impingement  on 
surfaces  upstream  of  subsonic  diffusers  and  may  also  have  boundary 
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layer  control  within  subsonic  diffusers .  Boundary  layer  control 
Is  essential  in  regions  of  shock  impingement  to  avoid  large  losses 
and  thick  subsonic  diffuser  is. let  boundary  layer  s .  Boundary  layc< 
control  in  subsonic  diffusers  of  supersonic  Inlets  is  some  times 
desirable  when  large  divergence  angles  are  necessary  to  achieve 
practical  dif laser  lengths. 

Wall  suction  is  the  type  of  supersonic  boundary  layer  control 
employed  tor  suppression  of  adverse  shock  interaction  effects. 

Since  supersonic  shocks  produce  static  pro. sure  increases,  wall 
suction  is  r< adily  obtained  by  suitable  overboard  dumps  (Figure 
2-32).  Prevention  ot  bleed-back  (in  the  subsonic  portion  oi  the 
boundary  layer)  is  the  nio„t  important  effect  ot  boundary  layer  removal 
by  suction.  Supersonic  boundary  layer  control  systems  employ 
porous  plates,  flush  slots,  or  projecting  scoops  Cor  the  wall 
boundary  layer  removal. 

The  four  most  common  types  of  subsonic  diffuser  boundary  h'yei 
control  are  wall  suction,  air  injection,  vortex  generators,  and 
turning  vanes  (Figure  2-33).  All  of  these  types  of  boundary  iayei 
control  tend  to  delay  flow  separation  in  the  diffuser,  which  daerc ases 
the  pressure  loss  and  improves  the  flow  uniformity  at  the  diffuse 
exit.  Wall  suction  can  be  applied  to  remove  the  low  energy  boundary 
layer.  High  energy  air  injection  through  the  walls  can  be  applied 
to  re-urergize  the  boundary  layer.  Vanes  or  vortex  generators  can 
be  applied  to  re-energize  the  boundary  layer  by  mixing  of  the  higher 
velocity  central  core  air  with  the  boundary  layer  air.  Vortex 
generators  have  been  the  type  of  boundary  layer  control  most 
frequently  applied  to  subsonic  diffusers. 

The  quantitative  effects  of  boundary  layer  control  on  subsonic 
diffuser  performance  cannot  be  analytically  predicted.  Tests  of 
specific  arrangements  are  required,  and  these  are  best  performed  as 
overall  inlet  tests  which  include  the  boundary  layer  build-up  and 
any  supersonic  compression  effects  upstream  of  the  subsonic  diffuser. 
Significant  performance  increments  have  been  experimentally 
demonstrated  for  all  four  types  of  diffuser  boundary  layer  control 
(Reference  16).  Vortex  generators  have  been  found  advantageous 
for  the  subsonic  diffusers  of  supersonic  inlets  (References  22  and 
24).  Boundary  layer  control  has  beer,  found  more  valuable  in 
reducing  pressure  distortions  than  in  reducing  pressure  losses. 

2.6.3  Miscellaneous  Losses 
2. 6. 3. 1  Elbows 

Elbows  can  produce  significant  losses,  and  careful  design  is  required 
to  incorporate  them  effectively  in  engine  inlet  systems.  The  most 
important  design  parameter  is  the  radius  ratio  (ratio  of  elbow 
mean  radius  of  curvature  and  duct  depth).  Engine  inlet  system  elbows 


2-19 


somet  imos  iuvi-  splitters  to  avoid  adverse  radius  ratios.  Splitters 
tar.  reduce  pressure  losses  and  improve  elbow  exit  flow  uniformity. 

lupine  inlet  svstems  frequently  have  duct  offsets  connected  by  two 
elbows  (common’ v  designated  a  compound  elbow).  The  turning  in  the 
t  ii  st  elbow  is  then  reversed  in  the  second  elbow,  and  there  is  no 
not  turning  in  the  complete  compound  elbow.  Pressure  loss  data  are 
available  en 1 v  for  ninety-degree  compound  elbows,  which  are  of  little 
interest  in  engine  inlet  systems.  The  best  procedure  available  is 
to  estimate  compound  elbow  losses  as  the  sum  of  individual  elbow 
losses.  The  actual  losses  will  be  lower  than  estimated  by  this 
procedure,  particularly  for  small  elbow  turning  angles. 

The  incompressible  pressure  losses  of  elbows  with  round  and 
rectangular  cross  sections  can  be  readily  computed  for  high  Reynolds 
number  flow  conditions  (Figure  2-34).  Pressure  losses  increase  very 
rapidly  when  radius  r. ties  are  reduced  below  approximately  1.5,  ant 
it  is  desirable  to  avoid  these  sharp  bends  if  possible.  Loss 
coefficients  are  relatively  constant  for  radius  ratios  between  2  and 
5  because  of  the  compensating  effects  of  the  turning  and  duct 
friction  losses  (increased  radius  ratios  requiring  increased  elbow 
lengths).  For  radius  ratios  greater  than  6,  the  turning  losses  are 
small  enough  to  neglect,  and  total  losses  can  be  estimated  on  the 
basis  of  duct  friction. 

Data  are  available  for  a  range  of  Reynold's  numbers  with  round, 
rectangular,  and  elliptical  duct  elbows  (Reference  15).  Despite 
certain  discrepancies  in  the  data  from  different  sources,  fairly 
reliable  estimates  can  be  made  for  elbow  losses  with  incompressible 
flow.  Engine  inlet  system  elbows  may  operate  at  high  Mach  numbers, 
and  compressibility  effects  can  be  significant.  Data  available  on 
round  duct  elbows  indicate  compressible  losses  to  be  as  much  as  two 
or  three  times  the  incompressible  losses  (Reference  15).  However, 
these  data  are  very  limited,  and  tests  of  specific  configurations 
are  usually  nccessarv  for  inlet  systems  with  high  Mach  number 
e  1  b ow s  . 

2.11,3.2  Constant  Area  ’'acts 

Most  engine  inlet  systems  do  not  have  long  enough  constant  area 
ducting  to  contribute  losses  significant  compared  with  diffusers 
and/or  elbows.  However,  the  incompressible  friction  losses  can  be 
evaluated  from  a  loss  coefficient  defined  as  shown  below: 


/.  r  i  /r\ 
u  / 1 'e 


i  f  r  i  r~  i  n  n  f 


(  2 . ,  1  P  ) 


duct  friction  less  coefficient  (Figure  2-25> 


1.  duet  length 

4  A/P  -  equivalent  duct  diameter  (hydraulic  diameter) 
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A  =  duct  cross  sectional  area 

p  =  duct  cross  sectional  perimeter 

The  order  of  magnitude  of  duct  loss  can  be  computed  by  assuming 
2  typical  turbulent  duct  friction  factor  (4f  =  0.02).  If  duct 
friction  losses  are  significant,  more  exact  analysis  may  be  desirable. 
Friction  factors  for  fully  developed  duct  flow  can  be  evaluated  as 
a  function  of  Reynolds  number  and  pipe  roughness  (Reference  12), 
but  this  approach  does  not  account  for  the  partially  developed 
boundary  layers  typical  for  engine  inlet  systems  (Reference  11). 

The  uncertainties  in  friction  factors  will  usually  not  introduce 
errors  as  large  as  those  due  to  uncertainties  about  the  effects  of 
duct  cross  sectional  shape. 


Adapter  ducts  changing  from  rectangular  to  round  cross  sections 
are  commonly  required  to  connect  two-dimensional  supersonic  inlets 
with  engine  faces.  Adapter  duct  losses  can  be  estimated  on  the  basis 
of  friction,  but  this  is  valid  only  when  local  duct  divergence  angles 
are  small  enough  to  avoid  flow  separation.  No  quantitative  in¬ 
formation  is  available  on  separation  criteria  for  constant  area  ducts 
of  changing  cross  sectional  shane.  However,  separation  does  not 
occur  in  conical  diffusers  with  divergence  angles  less  than 
approximately  10  degrees  despite  the  adverse  pressure  gradients 
present  in  diffusers.  On  this  basis,  10  to  15  degree  total  included 
divergence  angles  are  unlikely  to  produce  separation  in  adapter  ducts 
which  do  not  have  significant  overall  diffusion.  When  divergence 
angles  are  marginally  large,  inlet  system  model  tests  are  necessary 
to  evaluate  adapter  duct  pressure  losses. 


2. 6. 3. 3  Screens 


Pressure  losses  can  be  readily  computed  for  incompressible  flow 
through  screens  at  high  Reynolds  numbers  (Figure  2-35).  Compres- 


f  / 


(Reference  24).  The  compressible  flow  limitations  are  usually 
significant  for  engine  inlet  screens.  A  screen  downstream  of  a 
subsonic  diffuser  tends  to  reduce  diffuser  loss  (Reference  15)  and 
improve  flow  uniformity,  but  these  effects  would  not  be  significant 
for  low-loss  engine  inlet  screens. 


2.6.4  Effects  of  Losses  on  Pressure  Recovery 

The  primary  index  of  engine  inlet  system  performance  is  pressure 
recovery  which  is  defined  as  the  ratio  of  the  engine  face  and  free 
stream  total  pressures.  Internal  ducting  pressure  loss  reduces  the 
inlet  system  pressure  recovery.  The  magnitude  of  this  pressure 
recovery  reduction  is  dependent  on  the  Mach  number  at  the  inlet  of 
the  subsonic  diffuser  as  well  as  the  overall  pressure  loss  coefficient 
(Figure  2-36).  The  subsonic  diffuser  inlet  Mach  number  is  dependent 
on  many  aspects  of  the  inlet  system  design  configuration  and  operating 
conditions . 
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h  th  a  sut'son  i  c  engine  inlot  system,  tho  minimum  duct  is  at 

i.  .<  subsonic  dit  l  user  inlet,  and  internal  dueling  loss  is  the 
primary  factor  relative  to  inlet  recovery.  With  supersonic  inlet 
s»  vs terns ,  shock  compression  loss  is  usual  !>  the  primary  'actor  relative 
to  inlet  recovery  during  supersonic  flight.  The.  subsonic  diifuser 
in  this  case  is  downstream  oi  the  terminal  normal  shock,  which  is 
not  necessarily  at  the  minimum  duct  area.  Supersonic  inlet  systems 
usually  have  variable  geometry  provisions  which  alter  the  subsonic 
diffuser  inlet  Macb  number  and  area  as  a  function  of  flight 
conditions.  1 t  is  necessary  to  evaluate  subsonic  loss;;  for  all 
geometric  variables  of  interest,  ltu  <  tiding  subsonic  flight  with  a 
supersonic  inlet  system. 

Friction  losses  are  greatest  lor  f 1 ight  conditions  prod-u  ing  the 
lowest  Reynolds  numbers  (Figure  2-25).  Subsonic  engine  inlet 
recovery  therefore  tends  to  be  somewhat,  less  at  high  than  at  low 
flight  altitude.  However,  large  variations  of  inlet  system  recovery 
with  flight  conditions  are  usually  due  to  flow  separation  and/or 
compressibility  effects. 

.6.5  Pressure  Distortion  Effects 


Ncn-unif ormities  in  local  total  pressures  over  the  engine  inlet 
face  are  important  relative  to  engine  performance.  Various  aspects 
of  the  inlet  ducting  affect  engine  face  pressure  distortions. 

An  elbow  will  typically  develop  a  low  pressure  region  along  the 
inside  wall  of  the  bend.  This  type  of  distortion  can  sometimes  be 
i*.  diced  by  the  use  of  splitters,  vanes,  or  vortex  generators. 

Subsonic  diffusers  will  typically  develop  relatively  t  lev.  energy 

boundary  layers,  particularly  along  walls  with  high  level  flow 
d’vergence  angles.  Diffuser  exit  pressure  distortions  < an  be  reduced 
b'-  boundary  layer  control  (References  16,  22  and  23).  boundary  layer 

control  may  be  applied  to  all  walls  or  to  the  walls  must  critical 
relative  to  flow  divergence.  The  degree  of  boundary  layer  control 
desirable  may  be  established  by  flow  distortion  (such  as  use  of 
vortex  generators  lor  reduced  flow  distortion  when  there  is  no 
corresponding  reduction  of  diffuser  pressure  loss). 

The  pressure  distortions  downstream  of  an  elbow  or  diffuser  tend  to 
decrease  if  the  air  subsequently  flows  through  a  straight  duct. 

Although  no  general  quantitative  data  are  available,  significant 
t  ow  distortion  improvements  are  likely  with  1  to  3  diameters  of  duct 
length.  Low  divergence  straight  engine  inlet  ducts  (with  lengths 

5  to  10  times  their  diameter)  have  engine  face  velocity  distributions  ! 

similar  to  fully  developed  turbulent  duct  flow.  Screens  are  known  i 

to  reduce  pressure  distortions,  but  little  significant  effect  is 

likely  with  a  low  loss  screen  which  would  be  considered  for  an  .  i 

engine  inlet  system.  Engine  inlet  systems  frequently  have  a  ] 

moderate  contraction  (such  as  a  bullet-nose  in  a  constant  area  diet)  ] 

immediately  upstream  of  the  engine  face.  This  produces  a  favorable  j 


2-22 


(negative)  pressure  gradient  which  tends  to  suppress  flow  distortions. 

The  actual  compressor  face  pressure  distortion  is  also  dependent 
on  the  flow  arrangement  of  the  specific  engine.  Some  engines  have 
an  opening  around  the  compressor  face  periphery  to  pass  (secondary) 
cooling  air  through  an  engine  bay  to  the  exhaust  nozzle  ejector. 

The  secondary  flow  in  this  case  tends  to  remove  the  boundary  layer 
from  the  inlet  duct  and  greatly  reduce  the  flow  distortion  over  the 
compressor  face. 

Local  discontinuities  (such  as  bumps  on  duct  walls)  can  cause  local 
flow  separations  which  produce  pressure  distortions.  No  general 
criteria  are  available  for  evaluating  the  effect  of  local  discon¬ 
tinuities,  but  the  probability  of  separation  is  known  to  be  greatest 
with  thick  boundary  layers  and  adverse  (positive)  pressure  gradients. 
Evaluation  of  local  discontinuities  can  be  made  only  by  qualitative 
study  of  the  local  flow  field  turning  angles  for  favorability  in 
terms  of  the  duct  boundary  layer  and  pressure  gradient  conditions. 
Model  tests  are  required  for  quantitative  evaluation  of  local 
discontinuities . 

2.6.6  Subsonic  Duct  Loss  Calculation  Method 

Following  is  the  suggested  method  for  calculating  subsonic  duct 
losses : 

1.  Plot  the  duct  cross  sectional  area  versus  distance  from 
the  inlet  of  the  i  .sonic  diffuser  duct  (throat).  Con¬ 
sidering  the  appropriate  area  variations  and  the  local  duct 
configuration,  divide  the  total  duct  into  functional 
components  (such  as  subsonic  diffuser,  elbow,  constant 
area  duct,  adapter,  and  screen)  and  identify  the  upstream 
cross  sectional  area  of  each  component.  Most  configurations 
require  exercise  of  judgment  relative  to  excluding  fillets, 
fairings,  protuberances,  and  other  minor  surface  contours 
when  selecting  the  ducting  component  break-down. 

2.  Compute  individual  ducting  component  pressure  loss 
coefficients  as  shown  below: 

a.  Evaluate  the  subsonic  diffuser  loss  coefficient 
by  one  or  (if  possible)  more  than  one  method. 

For  general  approximate  pressure  loss  ranges, 
apply  Figure  2-31  to  evaluate  various  types  of 
diffusers.  If  the  diffuser  is  nearly  conical, 
apply  Figure  2-30  for  a  typical  thin  boundary 
layer  case.  For  arbitrary  diffuser  shapes  and 
specific  flight  conditions,  apply  Equation  (2.14). 
Use  Equation  (2.13)  to  define  equivalent  conical 
diffuser  angle.  Use  Equation  (2.11)  or  Figure 
2-25  to  define  boundary  layer  displacement 


2-23 


thickness  for  subsonic  inlet  systems.  Use  a 
typical  (  i5'j/Rj)  of  0.01  for  supersonic  inlet 
systems  if  exact  boundary  layer  thickness  is 
not  known.  Since  the  diffuser  will  usually  be 
the  most  critical  subsonic  loss  component, 
it  should  be  evaluated  as  carefully  as  possible. 

b.  Evaluate  elbow  loss  coefficients  from  Figure  2-34. 

c.  Evaluate  screen  loss  coefficients  from  Figure  2-35. 

d.  Evaluate  constant  area  duct  and  adapter  loss 
coefficients  from  Equation  (2.15)  with  an  assumed 
typical  0.02  friction  loss  factor  or  a  loss 
factor  from  Figure  2-25.  For  duct  contractions, 
apply  the  same  procedure  using  a  weighted  average 
duct  hydraulic  diameter. 

3.  Combine  the  individual  component  loss  coefficients  by 
applying  Equation  (2.12)  to  define  overall  loss  coefficient 
in  terms  of  the  inlet  system  throat  flow  conditions. 

Define  these  overall  loss  coefficients  for  all  inlet 
variable  geometry  positions  of  interest  in  the  specific 
propulsion  system. 

4.  Apply  Figure  2-36  to  evaluate  reduction  of  inlet  system 
pressure  recoveries  caused  by  subsonic  losses.  Evaluate 
recoveries  in  this  manner  for  the  flight  range  of  Mach 
number,  altitude,  engine  power  setting,  and  inlet  variable 
geometry . 

5.  Evaluate  qualitatively  the  effects  of  subsonic  diffuser 
boundary  layer  control  provisions  on  losses  as  discussed 
in  Section  2c5c4e2c 

6.  Evaluate  qualitatively  the  geometric  configuration  and 
boundary  layer  control  provisions  in  terms  of  pressure 
distortion  effects  as  discussed  in  Section  2. 5. 4, 5. 


References 


1.  Fradenburg,  E.  A.  and  Wyatt,  D.  D.,  Theoretical  Performance  of  Sharp-Lip 
Inlets  at  Subsonic  Speeds,  NACA  Report  1193,  1954 

2.  Blackaby,  J.  R.  and  Watson,  E.  C.,  an  Experimental  Investigation  of  the 
Effects  of  Lip  Shape  on  the  Drag  and  Pressure  Recovery  of  a  Nose  in  a 
Body  of  Revolution,  NACA  TN3170,  April  1954 

3.  Moeckel,  W.  E.,  Estimation  of  Lip  Forces  at  Subsonic  and  Supersonic  Speeds, 
NACA  TN3457,  June  1955 

4.  Ames  Research  Staff,  Equations,  Tables,  and  Charts  for  Compressible  Flow, 
NACA  Report  1135,  1953 

5.  Dailey,  C.  L.  and  Wood,  F.  C.,  Computation  Curves  for  Compressible  Fluid 
Problems,  John  Wiley  &  Sons,  Inc.,  1949 

6.  Oswatitsch,  K.,  Pressure  Recovery  for  Missiles  with  Reaction  Propulsion 

at  High  Supersonic  Speeds  (The  Efficiency  of  Shock  Diffusers),  NACA  TM1140, 
194*7 

7.  Shapiro,  Ascher  H.,  The  Dynamics  and  Thermodynamics  of  Compressible  Fluid 
Flow,  Volume  II,  The  Ronald  Press  Co.,  1954 

8.  Conners,  J.  T.  and  Meyer,  R.  C.,  Design  Criteria  for  Axisymmetric  and  Two- 
Dimensional  Inlets  and  Exits,  NACA  TN3589,  January  1956 

9.  Sorensen,  V.  L.,  Computer  Program  for  Calculating  Flow  Fields  in  Supersonic 
Inlets,  NASA  TN  D-2897,  July  1965 

10.  Schlichting,  Hermann,  Boundary  Layer  Theory,  McGraw-Hill  Book  Company,  1955 

11.  Shapiro,  Ascher  H.  and  Smith,  R.  Douglas,  Friction  Coefficients  in  the 
Inlet  Length  of  a  Smooth  Round  Tube,  NACA  Technical  Note  1735,  November 
1948 

12.  Shapiro,  Ascher  K„,  The  Dynamic  and  Thermodynamics  of  Compressible  Fluid 
Flow,  Volume  I,  The  Ronald  Fre3s  Company,  1953 

13.  Shapiro,  Ascher  H.,  The  Dynamic  and  Thermodynamics  of  Compressible  Fluid 
Flow,  Volume  II,  The  Ronald  Press  Company,  1954 

14.  Lin,  C.  C.,  Turbulent  Flows  and  Heat  Transfer,  Princeton  University  Press, 
1959 

15.  SAE  Committee  A-9,  Aero-Space  Applied  Thermodynamics  Manual,  Society  of 
Automotive  Engineers,  Inc.,  February  I960 


2-25 


References 


16.  Henry,  John  R.,  Wood,  Charles  C.,  and 
Subsonic  —  Ciffu^dr  Data,  NACA  Report 

17,  Henry,  John  R.,  Design  of  Power-Plant 
Characteristics  of  Duct  Components,  NACA  Report  No.  ARR  L4F26,  June  1944 

IB,  Bras low,  Albert  L.  and  Knox,  Eugene  C.,  Simplified  Method  for  Determination 
of  Critical  Height  of  Distributed  Roughness  Particles  for  Boundary  Layer 
Transition  at  Mach  Numbers  from  Zero  to  Five,  NACA  Technical  Note  4363, 
September  195? 

19.  Crossthwait,  E.  L.,  Kennon,  I.  G.,  Jr.,  and  Roland,  H.  L.,  Preliminary 
Design  Methodology  for  Air  -  Induction  Systems,  Air  Force  Systems  Command 
Report  SEG-TR-67-1,  January  1967 

20.  Anon,  Design  Handbook  for  Submerged  Engine  Cooling  Systems  and  Duct  Systems, 
Contract  NOa(s)  56-880-f,  January  195? 

21.  Sc'nerrer,  Richard  and  Ant  erson,  Warren  E.,  Preliminary  Investigations  of 
a  Family  of  Diffusers  Designed  for  Near  Sonic  Inlet  Velocities,  NACA 
Technical  Note  3668,  February  1956 

22.  Brown,  Alan  C.,  Nawrocki,  H.  Franz,  and  Paley,  Peter  N.#  Subsonic  Diffusers 
Designed  Integrally  with  Vortex  Generators,  Paper  No.  67-464,  AIAA  Third 
Propulsion  Joint  Specialist  Conference,  July  17-21,  1967 

23.  Sorensen,  Norman  E.,  Anderson,  Warren  E.,  Wong,  Norman  D„,  and  Smeltzer, 
Donald  3.,  Performance  Summary  of  a  Two-Dimensional  and  an  Axisymmetric 
Supersonic-Inlet  System  NASA  Report  No.  SP-124,  Conference  on  Aircraft 
Aerodynamics,  May  1966 

24.  Cornell,  W.  G. ,  Losses  in  Flow  Normal  to  Plane  Screens,  Transactions  ol‘ 

the  A SHE,  May  1958 


Wilbur,  Stafford,  W.,  Summary  of 
M-  dmt  c>c-pc  rut  to  loul 

11VW  •  iuuu  /W*  MVVWWV* 

Installations  Press  ire  Loss 


Calculated  from  Equation  (2.5)  aa  K  R*q'd.ror  *tl' rto 
Reduced  from  Ref.  2  data  ■ 1  1  ~ t  ^h/ 

W a r.  r  watrlnnAd  diltA  T 


Extrapolation  of  reduced  data 

:  I  !■  i  1  !  •'  i 


Comparison  of  Lip  Suction  coefficient*  K„i 
Required  to  Make  Lip  Loss  Vanish  to  K 
.8  ^Realised  in  Reference  2  Teats  t---  -  *— 


FIGURE  2-2.  Low  Speed  Lip  Loss  Correlation 
Mo=0.l66 


FIGURE  2-3.  Ratio  of  Experimental  Lip  Suction  Coefficient 

to  Coefficient  Required  to  Make  Lip  Loss  Vanish 

MFR  =  1.0 
M0  =  0-0.4 


2-29 


=.515 

Calculated 


NOTE:  AH  Values  Include 

Subsonic  diffuser  Loss 


Pt2/Pt 


FICJRE  2-7.  Inlet  Lip  Loss  Correlation 
M0  =  0.237 


2-33 


FIGURE  2-8 
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FIGURE  2-11.  Oh liaue  Gh-ck  Wave  Velocity  Relationships. 
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FIGURE  2*12.  Optimum  Pressure  Recovery  For  2,  3 
And  4-Shock,  2-Dimensional  Inlet. 
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FIGURE  2-14.  Optimum  Deflection  Angles  for 
3-Shock,  2-Dimensional  Inlet 
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FIGURE  2-16.  Shock  Wave  Angles  Corresponding  To 

Optimum  Deflection  Angles  For  2-Shock, 
2-Dimensional  Inlet. 
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FIGURE  2  -  20.  Downstream  Mach  Dumibors  Corresponding  to 
Optimum  Deflection  /Unglcs  for  3-Ghock, 

2 -dimensional  Inlet . 
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FIGURE  2  -  21,  Downs  t rear.  Mach  Numbers  Corresponding 

to  Optimum  Deflection  Angles  for  4-Shock, 
2-Dimens ions I  Inlet. 
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FIGURE  2-22.  Deflection  Angles  For  Shock  Detach¬ 
ment  and  Sonic  Flov,  2-Dimensional 


2-48 


C  1.5  2.0  2.5  3.0  3.5 


Mach  No. ,  MQ 

•TOUP.S  2-24.  '-ptinuin  i>eflRCti'>n  Anples  for  Axisyrametric 
2  and  3-  'hock  Inlets 


2-30 


Smooth  Duct  Friction  _  .  ,  .  . 

Loss  Factor  -  «.f  Boundary  Layer  DiapUcawst  !hickna*»-<*-iac**« 


Average  Diffuser 
(Based  on  W^dri 


Choking  Criteria 


n »h»«imw «»»«■«  •  ••*< 

jjjiitn;:  £££££:  HS: 


s;s:j: 


•SSH KS 


—  - - * - **2'  *—* 


hrJtsar 


lt|jg!gp:55^|S 

iHiliinissi 


lM* i  >•»••«•■ 


::s ss3 


::a::irh,4ir.S«;,.ir^nn:^ 


-=tn 


■■■•■  ***•*•**« 


£*  B  boundary  layer  displacement 
-  thickness  at  diffuser  inlet 

R.  =  diffuser  inlet  section  radius 

(or  other  characteristic  dimension) 


zz^uzz: 


•8--*! 


isR  its  £5555  sms  Eg  :sr.gH  HE;  E«  HIE  tuSEiE;^:  as  as  S3 


ssxzxiuc zizzx 


iiiuHSir^Sg 


3  23213322  2 

MMi 


:.:;^3?.EH0jc!S-iS  ess —===■* 


ggatsSSSsiSisSnSSa 


iE££E3 


Mi 


IL-HSlEigieE 

;::a:xaaaEss;si 

?::SE3~Hc3?r=^ 


sirra^*^-— *— -*l,****,y,; 


tsssss. 

IE323 


3 ZZZ 


SSEEiiiSS 


EhI**-**  — .  1 

ESHSn*^ 

ISESgEgjsISEaglHEEiEi 


Average  Diffuser  Inlet  Xach  Nunber 
(Based  on  WV§r/  ^  figure  2-37) 


Choking 


FIGURE  2-26.  Compressibility  Effects  in  Diffusers 
(Reference  16) 
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HGURE  2-27.  Effect  of  Diffuser  Divergence  Angle  on  Length 
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Reference  Momentum  and  Turbulence  Loaa  Coefficient 


Reference  Friction  Loaa  Coefficient 


FIGURE  2-29.  Diffuser  Friction  Loss  Criteria 
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FIGURE  2-32.  Typical  Supersonic  Shock  Compression  Boundary  Layer  Control. 
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2-33.  Typical  Boundary  Layer  Control  Provide  ns  for  Annular 
Subsonic  Diffusers. 


NOTE:  See  Figure  2-37  for  inlet  flow  Mach  number  parameters. 


Effect  of  Subsonic  Losses 
Recovery. 
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FIGURE  2-36 
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Pti  s  Total  Pressure,  PSIA 
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Rj  s  Inlet  Radius  (or  other  dimension) 

FIGURE  2-37.  Inlet  Flow  Mach  Number  Parameters 
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3.0  Boundary  Layer  Considerations 


When  the  air  induction  system  entrance  is  placed  aft  on  the  body 
or  other  aircraft  component,  boundary  layer,  unless  completely 
removed,  is  part  of  the  inlet's  operating  environment.  The  several 
items  that  have  to  be  taken  into  consideration  are: 

1.  The  boundary  layer  thickness 

2.  The  nature  of  the  boundary  layer  profile 

3.  The  amount  of  boundary  layer  that  should  be  removed 

4.  The  effectivenss  of  the  boundary  layer  removal  device 

5.  The  energy  level  of  the  boundary  layer  flow  if  it  is  to 
be  taken  aboard 

6.  The  drag  incurred  by  the  boundary  layer  removal  device 

Another  serious  consideration  with  regard  to  boundary  layer  control 
is  the  removal  of  compression  surface  boundary  layer  on  supersonic 
inlets.  This  is  done  to  alleviate  shock-boundary  layer  interaction 
problems.  The  consequences  of  shock-boundary  layer  interaction  can  be 
in  the  form  of  increased  losses,  increased  distortion  at  the  duct  exit, 
and/or  increased  turbulence. 

3 . 1  Boundary  Laver  Thickness 

The  majority  of  calculations  that  are  made  to  determine  fuselage 
boundary  layer  thickness  are  made  using  the  familiar  expression  for 
the  thickness  of  a  turbulent  boundary  layer  on  a  smooth  flat  plate 
at  Bern  incidence.  The  expression,  taken  from  Reference  1  is: 

5/1  =  0.37  R;f°*2  (3#1) 

where  5/1  xs  the  total  thickness  rati.oed  to  the  length  tack  to  the 
inlet  station  and  RR  is  the  Reynolds  number.  The  expression  has 
both  conservative  and  -ptimistic  aspects.  It  is  conservative  in  that 
it  assumes  transiti-n  to  turbulent  flew  at  the  plate  leading  edge;  the 
ptinisn  lies  in  the  fact  that  the  plate  is  assumed  smooth,  flat, 
end  at  ger'  incidence,  Rome  have  suggested  making  a  m^re  precise 
calculation  by  considering  an  initial,  laminar  boundary  layer  and  then 
calculating  the  growth  of  the  turbulent  boundary  layer  from  the  point 
of  transition.  This  is  n~t  considered  advisable  because  a  typical 
aircraft  configuration  does  not  fit  the  ideal  picture  on  which  the 
tho  TOtica"1  calculation  would  be  based.  Therefore,  the  use  of 
I'quatin  (3*1)  is  advised  for  purposes  of  calculating  the  theoretical 
value  'f  boundary  layer  thickness,  lalues  of  Reynolds  number  are 
plotted  as  a  functi ->n  of  otandard  Day  Mach  number  and  altitude  on 
Firure  3-1  to  facilitate  the  calculation. 
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The  theoretical  trend,  which  shows  decreasing  boundary  layer 
thickness  with  increasing  flight  Mach  number  at  a  given  altitude, 
is  not  always  borne  out  by  in-flight  measurement.  Figures  3-2, 

3-3,  and  3-4  present  data  measured  in  flight  test  at  various 
locations  on  a  supersonic  aircraft.  The  very  exaggerated  thick¬ 
ness  that  was  observed  at  high  Mach  numbers  at  the  Fuselage 
Station  274  measurement,  which  was  near  the  inlet  leading  edge  station, 
is  believed  to  be  due  to  influence  from  the  boundary  layer  diverter 
downstream  of  the  measuring  station.  Elevated  pressures  in  the 
diverter  were  felt  as  an  adverse  pressure  gradient  in  the  boundary 
layer.  This  points  up  the  advisability  of  obtaining  a  measured  value 
of  boundary  layer  thickness  early  in  the  development  program  of  an 
air  induction  system. 

3. I  Boundary  Layer  Profiles 

In  making  analyses  of  boundary  layers,  it  is  sometimes  necessary  to 
know  the  shape  of  the  velocity  profile.  The  general  theoretical 
expression  for  the  shape  of  a  turbulent  boundary  layer  is 

1/N 

u/Um  -  (y/5  )  (3.2) 


Where  u  is  the  local  velocity,  U*  is  the  freestream  velocity,  y  is 
the  distance  from  the  wall  corresponding  to  the  velocity,  u  and  d 
is  the  distance  from  the  wall  where  the  local  velocity  first  becomes 
equal  to  freestream  velocity.  N  is  the  profile  shape  factor  and 
the  most  commonly  assumed  value  is  7.  However,  the  value  can  range 
from  about  5  to  11.  Another  meaningful  boundary  layer  definition 
is  displacement  thickness,  6  ,  which  is  defined  es  the  distance  from 
the  wall  that  the  potential  flow  is  displaced  by  the  velocity  deficiency 
in  the  boundary  layer.  For  a  boundary  layer  profile  with  a  shape 
conforming  to  Eqaution  (3.2),  the  displacement  thickness  is  defined  by 


&*/ 6  =  1/t  +  !Q  (3.3) 

The  loss  in  momentum  in  the  boundary  layer  can  also  be  expressed  by  an 
equivalent  thickness  called  the  momentum  thickness,  thfe  expression  for 
wh i ch  is 


6/6=  l/|l  +  N)(2  +  N2 


(3.4) 
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Reference  2  gives  a  method  for  the  theoretical  evaluation  of  the 
loss  in  mass  and  momentum  for  an  inlet  partially  or  totally  immersed 
in  a  turbulent  boundary  layer  with  a  profile  conforming  to  Equation 
(3.2).  Included  in  this  methodology  is  a  method  for  estimating  total 
pressure  recovery.  The  method  was  programmed  for  making  the  cal¬ 
culations  on  an  Electronic  Data  Processing  Machine  (EDPM)  and  results 
for  a  range  of  Mach  numbers  and  dimensions  are  shown  in  Figures  3-5 
through  3-16.  With  these  results,  one  can  assess  the  value  of 
boundary  layer  removal. 


3, 3  Fuselage  Boundary  Layer  Removal 

Fuselage  boundary  layer  removal  devices  are  usually  sized  to  remove 
from  a  half  to  all  of  the  boundary  layer  thickness.  The  most  common 
method  of  removal  is  by  diversion  with  a  wedge  shaped  device 
located  between  the  fuselage  surface  and  the  inlet.  Figures  3-17 
and  3-18  show  typical  boundary  layer  diverter  configurations  for 
horizontal  and  vertical  compression  inlets  respectively.  Note  in 
the  front  views  that  the  channels  are  designed  to  diverge.  This  is 
to  allow  some  pressure  relief  to  the  flow,  preventing  a  buildup  in 
pressure  which  could  feed  forward  through  .the  boundary  layer  sad 
reduce  the  effectiveness  of  the  diverter.  Figures  3-19,  3-20 
and  3-21  show  boundary  layer  diverter  static  pressure  data  taken 
during  model  tests  of  a  supernmaic  aircraft.  Also  shewn  on  the 
figures  la  some  data  from  full  scale  flight  tests.  The  disagreement 
between  the  two  sets  of  data,  particularly  at  the  highest  test  Mach 
number,  is  indicative  of  how  drastic  Reynolds  number  effects  can  be. 
Also  sufficient  methodology  is  not  available  for  accurately  predicting 
the  drag  contribution  of  full  scale  boundary  leyer  diverters,  parti¬ 
cularly  when  scale  effects  have  shown  such  *  lack  of  predictability. 


In  addition  to  diversion  of  the  boundary  layer,  the  method  of  taking 
me  flu  tiuori u  vi.e  a  scoop  Is  also  used.  Wncn  this  method 

is  used,  the  problem  of  apparent  boundary  layer  thickening  can  also 
take  place  as  in  the  case  of  the  diverter.  If  the  exit  path  is  such 
as  to  make  th®  scoop  operate  suhcritically,  the  result  will  be  the 
apparent  thickening  of  the  boundary  layer  and  impairment  of  the 
effectiveness  of  the  removal  device,,  Predicting  the  drag  of  a  fuselage 
boundary  layer  scoop  is  more  cf  an  internal  flow  problem  then  in  the 
case  of  the  wedge  diverter,  lire  method  of  Section  3.2  could  be  used 
to  predict  the  initial  conditions  where  the  flow  is  taken  on  board. 

Then  Section  2.6  can  be  utilized  for  estimation  of  the  internal 
ducting  losses.  If  other  resistances  are  in  the  system,  such  as  heat 
exchangers,  etc.,  they  must  also  be  taken  into  account.  Finally  the 
exiting  momentum  can  b*  arrived  at  with  the  help  of  Sectioc  7.0  if 
an  oblique  nozzle  is  used  or  Section  8.0  if  a  more  conventional  nozzle 
type  is  used. 
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3.4,  Compression  Surface  Boundary  Layer  Removal 


The  removal  of  boundary  layer  from  the  compression  surface. s  of  a 
supersonic  inlet  improve  the  performance  and  etability  of  the 
inlet.  The  most  effective  bleed  locatta*/lacationa  are  in  the 
interaction  region  of  the  terminal  shock.  This  is  being  stated 
in  this  way  because,  experimentally  effective  locations  have  been 
found  which  range  from  in  front  of  to  behind  the  termina  shock 
location. 


The  design  of  a  compression  surface  bleed  system  witn  regard  to 
exact  location  and  quantity  usually  has  to  be  aided  by  experimental 
development.  Several  candidate  locations  are  selected  for  trial 
on  the  first,  wind  tunnel  model  to  be  tested.  These  are  controlled 
during  tf e  test  by  some  variable  throttling  device  to  determine  the 
effect  of  quantity  on  effectiveness.  Sometimes  certain  bleed 
locations  are  reeled  off  to  determine  if  the  location  is  essential 
to  performance  and/or  stable  operation  of  the  inlet.  In  subsequent 
tests  at  larger  scale,  the  bleed  configuration  that  proved  to  bo 
the  most  satisfactory  a c  small  scale  is  usually  used.  However, 
the  effect  of  quantity  is  reassessed  because  of  possible  scale  effects. 

Some  typical  bleed  system  configurations  are  depicted  for  two- 
dimensional  external  compression  inlets  on  Figure  3-22.  As  is 
seen  on  the  figure,  it  has  be2n  the  practice  to  use  both  distributed 
porosity  and  slots. 

In  order  tc  give  an  idea  of  bleed  quantity  requirements,  some  un¬ 
published  wind  tunnel  data  is  plotted  on  Figure  3-23.  A  summary 
plot  of  the  same  data  for  the  points  nearest  the  kr.ee  of  the 
pressure  recovery  versus  mass  flow  ratio  curves  is  presented  as 
Figure  3-24.  It  is  to  be  noted  that  the  greatest  performance  gain 
came  with  a  small  bleed  quantity. 

In  general,  bleed  quantity  is  determined  at  the  highest  Mach  number 
at  which  stnady  state  operation  of  the  aircraft  is  expected.  The 
bleed  system  is  usually  of  fixed  geometry  and  the  bleed  quantity 
decreases  with  decreasing  Mach  number  beca"ee  of  decreasing  ram 
pressure  ratio.  Figure  3-25  is  a  comoarieon  of  bleed  quantity 
at  two  test  Mach  numbers,  where  for  the  higher  Mach  number,  some  data 
ehown  on  Figure  3-23  is  repeated. 


Bleed  quantity  requirements  generally  increase  with  increases  in  design 
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a  higher  design  Mach  nastier  can  be  made  by  extrapolating  existing 
experience  curves. 
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FIGURE  3-14.  THEORETICAL  PERFORMANCE  OF  INLETS  IN 
THE  PRESENCE  OF  A  BOUNDARY  LAYER 
WITHOUT  COMPRESSION 
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FIGURE  3-16.  THEORETICAL  PERFORMANCE  OF  INLETS  IN 
THE  PRESENCE  OF  A  BOUNDARY  LAYER 
WITHOUT  COMPRESSION 
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4.0  Inlet  Additive  Drag 


Additive  drag  is  a  correction  terra  applied  to  the  net  propulsive 
effort  of  an  aircraft.  It  is  a  consequence  of  the  way  in  which  net 
thrust  is  defined.  For  instance,  net  thrust  is  usually  defined  as 
the  rate  of  change  of  total  momentum  of  inlet  airflow  between  the 
fr “-e-stream  and  the  propulsion  system  exit.  Momentum  change  between 
the  inlet  and  the  exit,  however,  is  not  equivalent  to  this  definition 
when  conditions  nt  the  inlet  differ  from  those  in  the  free- stream 
(i.e.,  at  mass-flow-ratios  less  than  1.0).  Figure  4-1  illustrates 
the  foregoing  for  a  simple  isolated  inlet  in  a  subsonic  airatream. 

When  the  rate  of  momentum  change  between  free-stream  and  the  inlet 
is  properly  calculated,  the  result  is  called  theoretical  additive 
drag.  Theoretical  additive  drag  may  be  modified  to  reflect  changes 
in  external  cowl  drag  with  mass-flow-ratio  and  the  result  is  con¬ 
sidered  to  be  the  corrected  additive  drag  (sometimes  called  spillage 
drag).  The  shape  of  the  cowl  lips,  the  cowl  and  the  flight  regime 
affect  the  cowl  external  pressure  field  and  hence  the  correction  to 
theoretical  additive  drag.  Cowl  lip  auction  force,  as  external 
cowl  drag  is  sometimes  called,  can  cancel  theoretical  additive  drag 
for  an  inlet  employing  well  rounded  lips.  As  lip  design  becomes 
sharper  and  thinner  and  as  flight  Mach  number  increases,  the  full 
theoretical  additive  drag  penalty  becomes  more  likely. 

4.1  Calculation  of  Additive  Drag 


When  inlet  capture  area  intercepts  an  amount  of  air  greater  than  the 
duct  air  required  by  the  airplane,  excess  air  is  deflected  or  "spilled" 
around  the  inlet.  Additive  drag  is  the  force  required  to  divert  this 
air  from  the  path  of  the  airplane.  This  force  comes  from  the  airplane 
and  reduces  net  propulsive  effort. 

The  net*  propulsive  thrust  of*  an  engine  nt  zero  nnglo  of  utt-L'ck  is  the 
resultant  of  the  axial  components  of  pressure  and  friction  forces 
acting  on  the  engine.  Forces  affecting  a  typical  propulsion  system 
arc  shown  schematically  in  Figure  4-2.  In  this  illustration,  net 
propulsive  thrust  is  replaced  by  an  equal  and  opposite  inertial  force 
Fp.  The  forces  are  defined  as  positive  in  the  directions  shown  by 
the  force  vectors. 

Met  internal  thrust  Fn^,  defined  as  the  sum  of  pressure  and  friction 
forces  acting  on  the  interior  of  the  propulsion  system,  can  be 
calculated  by  considering  the  change  in  momentum  between  tin:  inlot 
:nd  the  exit;  Stations  1  and  e,  respectively,  in  Figure  4-2. 
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Thus, 

Fni  =  F,)  -  Fi  &-1-) 

whore , 

F j  -  MV j  *  Ac ( Pe  -  PD ) 

and, 

I'!  -  mvx  4  a1(p1  -  r0) 

Then,  if  Fd  is  the  sum  of  the  forces  acting  on  the  external  surfaces 
of  the  cowl, 

Fp  =  Fni  -  Fd  (4.2) 

As  stated  earlier,  engine  performance  is  generally  evaluated  by 
considering  the  change  in  total  momentum  between  the  free-stream 
(Station  0)  and  the  propulsion  system  exit.  This  momentum  change  is 
defined  as  the  net  thrust  Fn.  Using  the  notation  of  Figure  4  -  2. 

Fn  =  Fj  -  Fo  <4-3) 

where , 

F0  s  MV0  4  Aq(F0  -  P0)  s  MV0 
Unlike  Equation  (4.2)  and  as  illustrated  in  Figure  4-3, 

Fp  /  Fn  -  Fd 

In  order  to  obtain  the  net  propulsive  thrust,  momentum  change  between 
the  frec-stream  and  the  inlet  must  be  considered.  Hence, 

rp  ”  “  rd  “  ^a  (^*^) 

Da  is  called  additive  drag.  By  combining  Equations  (4.2)  and  (4.4), 
additive  drag  may  be  defined  mathematically  as, 

Da  =  Fn  -  Fni  =  Fx  -  F0  (4.5) 

An  important  interpretation  of  momentum  change  between  the  frce-stream 
and  the  inlet  can  be  realized  from  stream-flow  relations.  Consider 
a  sxroam-tube  which  intercepts  +he  cowl  of  an  arbitrary  inlet,  as 
shown  in  Figure  4-4.  From  continuity  requirements,  it  is  apparent 
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that  air  entering  tnis  stream-tube  in  the  free-stream  must  equal  the 
duct  air  demand  of  the  aircraft.  If  the  "free-stream"  tube  urea  AQ 
Ik  smaller  than  the  cap+.u-n  area  Aq  intercepted  by  the  inHt,  then 
airflow  entering  Station  0  through  Ap  -  A0  must  be  deflected  around 
the  inlet . 


The  force  required  to  divert  the  excess  air  can  be  evaluated  by 
integrating  pressure  forces  acting  on  the  stream-tube.  For  an  air¬ 
craft  in  steady,  unuccelerated  flight,  the  summation  of  forces 
acting  on  a  control  volume  of  air  is  zero.  By  applying  this  criterion 
to  a  control  volume  hounded  by  the  stream -t' ’be  and  the  inlet  entrance 
plane,  as  shown  in  Figure  4  -5,  it  can  be  shown  that  the  force  act¬ 
ing  on  the  stream  tube  is. 


■ST 


=  F1  - 


but. 


'  °T 


Inlet  Lip 
-  P0)dAx 


Free-Stream 


(integration  along  the  stream  surface) 


where  dAx  is  an  area  increment  projected  normal  to  the  flight  path. 

As  noted  in  Reference  (l) ,  the  "spillage"  force  F-T  is  none  other  than 
the  additive  drag  D..  This  can  be  substantiated  hy  referring  to  equation 
( b. . 5 ) .  Hence,  the  integral, 


r  Inlet  Lip 

•JO?  ‘  po)dAx 

Free  Stream 


(4.6) 


defines  additive  drag  In  general  terms  and  is  equivalent  to  the 
definition  given  earlier.  Equation  (4.6)  is  applicable  to  all  types 
of  inlet  geometry  -  from  an  "open -nose"  Inlet  to  a  ramp  or  spite  inlet 
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shown  in  the  following  example,  a  "control -volume"  approach  lends 
facility  to  the  calculation  of  theoretical  additive  drag. 


Figure  4-6  shows  a  two-dimensional  inlet  operating  in  a  supersonic 
stream.  This  simple  mathematical  model  was  chosen  to  illustrate 
the  principle  of  theoretical  additive  drag  analysis.  The  inlet  is 
assumed  to  be  operating  at  a  free-stream  Mach  number  of  ?.C  with  an 
initial  ramp  angle  of  10°  and  a  total  turning  angle  of  20°.  It  iz  to 
be  shown  here  that  any  path  from  the  free-stream  to  the  inlet  Hr. 
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(U  to  A  In  Figure  4-6)  can  be  taken  as  a  path  of  integration  for 
the  change  in  total  momentum  in  the  evaluation  of  theoretical  additivt 
drag.  Tnc  alternate  paths  are  listed  below; 

DC  BA 
D'E'FGA 
DKr'GA 
DCF  ’GA 
PGFGA 


First,  to  asses 
along  DCBA;  the 
in  liquation  (4. 
sides  of  the  en 
surface  normal 
the  projected  s 
area  Ag  as  the 
reference  press 
is  given  by, 


s  the  theoretical  additive  drag  by  taking  the  path 
most  straightforward  path  from  the  definition  given 
6) .  Consider  the  difference  in  pressure  on  the  two 
tering  stream-tube  and  a  projection  of  the  stream-tube 
to  the  free-stream  flow.  Then,  if  the  drag  acting  on 
tream  area  is  non-dimensionalized  with  inlet  capture 
reference  area  and  free-stream  total,  pressure  as  the 
ure,  the  resulting  theoretical  additive  drag  coefficient 


^  ^o 

^a  =  T 7"TC'  "FJT 


An 


to  -  Pr 


4H- 


Again,  a  physical  interpretation  of  the  drag  could  be:  the  Torce  that 
the  spilled  air  exerts  on  the  forward  facing  stream-tube  surface. 

The  next  path  chosen  for  analysis,  D'E'FGA,  evaluates  the  total 
momentum  <j>  an  infinitesimal  distance  downstream  of  the  normal  shock 
DE.  Using  D'E'  to  designate  the  use  of  properties  on  the  downstream 
side  of  the  normal  shock,  ramp  pressure  terms  on  E  to  F  and  F  to  G 
were  calculated  and  free-stream  momentum  from  G  to  A  was  subtracted 
from  the  sum  of  the  other  force  terms.  The  expression  for  the  drag 
coefficient  is, 
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Mote  here  that  the  area  used  at  the  face  of  the  normal  shock  was  the 
flow  area;  then  having  calculated  the  momentum,  the  momentum  component 
in  the  free -stream  direction  was  calculated  by  multiplying  by  C0o(  -  ig) • 
The  area  involved  in  the  pressure -area  term  is  the  area  projected 
perpendicular  to  free-stream.  This  important  distinction  will  become 
more  obvious  when  a  path  is  taken  involving  CF  and  will  be  borne  out 
by  the  numerical  examples. 

When  the  first  two  terms  in  Equation  (4.8)  are  changed  to  reflect  the 
Mach  number  and  pressure  in  front  of  the  normal  shock  plane,  the  equation 
for  theoretical  additive  drag  becomes, 


If  the  path  IiC'F'GA  is  chosen  as  the  next  path  for  analysis,  the 
expression  I  or  the  additive  drag  coefficient  is, 


In  Equation  (4.9)  A0_j,;(FLOW)  *  was  equal  to  Ap_E>  both 

bein"  equal  to  the  projected  area  of  the  inlet  opening.  However,  in 
Equation  (4.10),  Aq'-f '(FLOW)  ’  -  62)  is  different  from  A-_p. 

In  either  case  (Equation  (4.9)  or  (4.10)),  the  momentum  term  -  mars 
times  velocity  -  is  being  assessed  and  then  having  its  axial  component 
taken.  The  pressure -area  term  is  simply  the  product  of  the  pressure 
had  the  projected  area. 
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If  a  final  path  IMHlv,  parsing  nr  1  nf inltes ItnuUy  short  distance  in 
front  of  the  second  oblique  wave,  is  chosen;  the  drag  expression 
becomes, 


1  P2  "  Pn] 

y  (p n 

AC-F(FL0W) 

PT0AC  pT0\  AC 

i  Po 

+  Prp 

V  lO  , 

i  - 

Ac 

Pol 

m|  cos ^ 


xo  l\ 
(4.11) 


For  the  flow  properties  and  geometry  of  the  simple  mathematical  inlet 
model  shown  in  Figure  4-6,  numerical  values  of  theoretical  additive 
drag  coefficient  Cpa  were  calculated  for  each  path  of  analysis  using 
Equations  (4.7)  through  (4,ll) .  The  values  of  Cp,a  are  referenced  to 
an  A,.  of  1.0  and  were  calculated  at  a  maximum  value  of  AQ.  Calculation 
results  arc  presented  in  tabular  form  below: 


hath 

Equation 

Term  1 

Term  2 

Term  3 

Term  4 

— 

Term  5 

CDa 

DOHA 

D’E'FGA 

DtlFGA 

D1 'F'GA 

DTP  1\ 

(4.7) 

(4.8) 

(4.9) 

(4.10) 

(4.11) 

.0398 

.2592 

.3360 

.0396 

.0398 

.0055 

.2343 

.1075 

.3860 

.4805 

.0874 

.0874 

.1551 

.0608 

.0140 

.0140 

.0140 

.0140 

-.5496 

-.5496 

-.5496 

-.5496 

.0453 

.0453 

.0453 

.0453 

.0453 

Koto  that  the  drag  coefficients  arc  all  equal,  as  they  should  be. 
Also,  excess  air  is  spilled  supersonically  and  the  terminal  (normal) 
chock  wave  remains  attached. 


The  preceding  discussion  has  shown  that  additive  drag  calculations 
can  be  simplified  by  the  selection  of  a  "proper"  path  of  integration 
for  Equation  (4.6).  This  is  equivalent  to  using  any  convenient  control 
volume,  bounded  by  the  free -stream  and  a  plane  through  the  inlet  lip 
station.  This  calculation  technique  is  applicable  to  all  flight 
regimes.  In  simpler  systems,  of  course,  there  are  not  as  many  alternate 
paths . 

In  the  case  of  a  simple  pitot  intake,  theoretical  additive  drag  cal¬ 
culations  are  essentially  unchanged  for  subsonic  and  supersonic 
operation;  the  only  difference  being  the  presence  of  a  normal  chock 
in  the  case  of  supersonic  operation.  An  open  nose  inlet  operating 
at  a  mass -flow -ratio  less  than  1.0  is  shown  schematically  in  Figure 
4  -  7-  The  additive  drag,  from  Ecjuation  (4.6),  takes  the  form: 
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(4.12) 


PTo 


where, 


c  1.0  (Subsonic  Flight) 
^Tq 


(Supersonic  Flight)  for  Y 


1.4: 


Normal  shock  wave  total  pressure  recovery  PTf/^To  as  a  ^unc41°n  of 
upstream  Mach  number  is  tabulated  in  Appendix  B.  Figure  4-8  shows 
theoretical  additive  drag  values  calculated  from  Equation  (4,12). 


As  has  been  shown,  additive  drag  calculations  depend  on  the  evaluation 
of  Equation  (4.6)  for  an  inlet  and  operating  condition  of  interest. 
Calculation  techniques  depend  largely  on  the  flight  speed.  Often, 
subsonic  and  supersonic  operation  dictate  the  use  of  different 
assumptions  and  control  volume  calculation  paths.  These  special 
considerations  will  be  discussed  in  the  following  sections. 

4,2  Subsonic  Additive  Drug 

Accurate  theoretical  additive  drag  calculations  are  critically  depend¬ 
ent  upon  inlet  flow  field  determination.  Due  to  the  complexity  of 
subsonic  flow  calculations,  inlet  flow  fields  can,  at  best,  only  be 
approximated.  The  importance  of  stagnation  point  position  on 
Qr.slyr-is  ^ccbniQUss  viii  bs  presented  in  Tbs  ioixovin^  discussion* 

In  addition,  supersonic  (sharp  lip)  inlets  operated  at  subsonic 
flight  speeds  will  be  evaluated. 


Air  induction  systems  designed  for  subsonic  aircraft  employ  well 
rounded  inlet  lips.  While  providing  reduced  flow  separation  losses, 
this  type  of  lip  design  enhances  additive  drag  cancellation  by 
increasing  the  frontal  area  over  which  lip  suction  forces  can  act. 
Unfortunately,  a  rounded  lip  permits  the  "stagnation"  streamline, 
the  streamline  separating  flow  entering  the  inlet  from  that  spilling 
over  the  cowl,  to  move  about  the  leading  edge  of  the  lip  as  mass  - 
flow-ratio  is  varied,  see  Figure  4-9-  It  is  apparent,  "roni  the 
definition  of  additive  drag,  that  the  momentum  change  of  interest 
occurs  between  free-stream  and  the  lip  stagnation  point.  Therefore, 
Equation  (4.6)  can  be  properly  evaluated  only  if  the  path  of 
integration  varies  with  stagnation  point  movement. 
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Reference'  2  has  shown  in  detuil  that,  based  on  potential  flow  theory, 
theoretical  additive  drag  of  a  blunt  lip  inlet  is  zero  at  subsonic  speed 
and  muss -flow-ratio  greater  than  1.0.  Ouch  is  not  the  case  for 
ruVcritical  (musr-fiow- ratio  less  than  1.0)  inlet  operation. 


.\t  present,  potential  flow  theory  Is  the  most  accurate  means  of 
calculating  suberitioal  blunt  lip  performance.  With  this  approach, 
it  is  possible  to  simulate  angle  of  attack  and  mass- flow-ratio 
variation,  sec  References  3  and  4.  vurther,  stagnation  point  position 
can  bo  determined  as  a  function  of  mass-flow-ratio  and  cowl  lip 
geometry.  The  variation  of  stagnation  point  position  with  mass  flow 
for  a  typical  axisymmetr ic  inlet  is  illustrated  in  Figure  4  -  10. 

Note  that  in  this  figure  the  stagnation  point  occurs  at  a  velocity 
ratio  of  v/y0  =  0.0.  If  the  inner  surface  of  this  inlet  had  a  more 
rounded  contour,  stagnation  point  movement  would  have  been  apparent 
at  high  mass  flow  values. 


The  calculation  technique  used  in  this  analysis  involves  u  numerical 
integration  of  velocities  and  pressures  at  the  plane  of  the  stagnation 
point.  With  integrated  properties  at  the  "stagnation  plane",  total 
momentum  4  may  be  evaluated.  Thus,  for  an  open-nose  inlet 
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Ml,  lj_,  and  represent  integrated  flow  properties.  The  flow  area 
of  the  stagnation  plane  is  denoted  A^p. 


In  most  preliminary  design  analyses,  potential  flow  calculations  are 
far  too  complex  for  easy  use.  Even  Electronic  Data  rocessing  Machine 
(iDi-M)  programs  can  take  an  hour  of  computing  time  to  solve  a  single 
case .  Thus,  one -dimensional  flow  approximations  are  usually  employed 
to  facilitate  additive  drag  calculations.  For  example,  Equation 
(4.12)  is  a  one -dimensional  approximation  for  the  pitot  inlet  just 
described.  In  this  approximate  approach,  the  stagnation  point  is 
assumed  stationary  at  the  “highlight”  or  leading  edge  of  the  inlet 
lip . 


IrL’ts  designed  for  supersonic  aircraft  must,  in  general,  employ 
rh's-rp,  thin  lips  if  large  wave  drag  penalties  associated  with  blunt 
lips  in  supersonic  flow  are  to  be  avoided.  Since  supersonic  vehicles 
must  take-off  and  land  at  subsonic  speeds,  it  is  important  to  be  able 
to  predict  low  speed  performance  of  supersonic  inlet  systems. 


Sharp  lip  performance  of  a  cylindrical  inlet  at  subsonic  speeds  is 
analyzed  by  the  methods  presented  in  Reference  2.  An  illustration 
of  the  flow  pattern j  to  be  evaluated  is  presented  in  Figure  4  -  11* 
Lip  suction  force  is  denoted  by  the  vector  F  and  S  defines  a  typical 
stagnation  streamline. 


At  mass  flow  ratios  greater  than  unity,  actual  inlet  conditions  are 
non-uniform.  However,  inlet  flow  may  be  approximated  by  equivalent 
one -dimensional  flow;  that  is,  flow  of  an  equivalent  mass  flow, 
energy  and  momentum  level. 


Inlet  momentum  is  equal  to  the  free  stream  value  plus  all  forces 
exerted  on  the  internal  flow  between  free-stream  and  the  stagnation 
point.  These  forces  consist  of  a  lip  suction  force  F  and  the  integral 
of  the  pressure  increment  along  the  stagnation  streamline  up  to  the 
stagnation  point.  Hence, 

r  S.P. 

4l  =  4>0  t  F  +  _/  (P  -  P0)dAx  (Mass  Flow  Ratio  =»  1.0) 

F.S. 

As  shown  in  Reference  2,  the  pressure  integral  given  above  is  zero 
at  mass  flow  ratios  greater  than  1.0.  Since  the  lip  is  assumed 
infinitely  sharp,  there  is  no  lip  area  to  support  lip  suction. 
Following  this  criterion,  there  is  no  change  in  total  momentum 
between  free-stream  and  the  inlet.  It  is  apparent  that, 

cDa  =  °*0  (Sharp  Lip  Inlet  at  MFR  >  1.0)  (4.l4) 

For  mass  flow  ratios  less  than  1,0,  the  only  force  exerted  on  the 
internal  flow  is  the  streamline  pressure  integral.  In  general,  this 
term  is  not  zero.  Evaluation  of  the  momentum  change  between  the  free- 
stream  and  the  inlet  leads  to, 
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Subsonic  additiv 
presented  in  Figure  4-12. 


P0  2Afi 
'  PT0  '  PT0A1 
(Mass  Flow  Ratio c  1.0) 
drag  values  determined  from  this  equation  are 


In  many  instances,  especially  in  the  subsonic  case,  theoretical 
additive  drag  is  calculated  along  shock  generator  surfaces  (i.e. 
ramps  or  spikes)  of  the  supersonic  inlet.  This  integration  path 
is  selected  because  subsonic  stagnation  streamline  properties  arc 
quite  difficult  to  evaluate.  While  free-stream  properties  arc  de¬ 
fined  by  flight  conditions  and  inlet  conditions  are  specified  by 


engine  and  secondary  airflow  requirements;  the  variation  of  thermo¬ 
dynamic  properties  along  the  ramp  is  not  easily  determined.  In 
practice,  a  linear  variation  of  flow  properties  between  the  leading 
edge  of  the  ramp  and  the  inlet  station  is  assumed.  Ramp  drag  is 
then  calculated  by  using  an  average  pressure  acting  On  the  frontal 
area  of  the  surface.  Calculation  errors  incurred  with  this  approach 
may  result  in  negative  additive  drag  values.  The  discussion  in 
Section  4. 5  will  show  he./  this  deficiency  may  be  corrected  through 
the  use  of  an  additive  drag  correction  term  called 

Supersonic  Additive  Drag 

Thermodynamic  calculations  required  to  evaluate  Equation  (4.6)  for 
supersonic  additive  drag  are  generally  quite  straightforward. 
Primarily,  this  is  a  result  of  the  "limited  region  of  disturbance" 
nature  of  supersonic  flow.  The  inlet  flow  field  can  usually  be 
divided  into  regions  bounded  by  shock  waves  and  inlet  surfaces,  as 
shown  in  Figure  4-6.  Cowl  lip  stagnation  streamline  properties 
and/or  surface  thermodynamics  are  then  evaluated  from  region  to 
region. 


Theoretical  additive  drag  coefficients  for  representative  two  and 
three-dimensional  inlets  will  be  presented  herein.  Before  proceeding 
to  these  design  charts,  however,  certain  simplifying  assumptions 
employed  in  calculating  the  drag  values  should  be  noted. 

As  must  be  apparent  from  the  preceding  discussion,  friction  forces 
have  been  neglected  in  the  calculation  of  momentum  terms  along  the 
shock  generator  (ramp)  surface.  While  this  approach  may  lead  to  low 
theoretical  drag  estimates  at.  high  mass  flow  and  ramp  surface  Mach 
numbers,  Section  4.5  presents  an  empirical  correction  technique 
which  will  account  for  friction  forces  and  other  discrepancies  re¬ 
sulting  from  n  simplified  analysis.  In  a  similar  manner,  boundary 
layer  is  not  considered;  inviscid  pressure  distributions  arc  used  to 
calculate  Inlet  ramp  drag.  Another  important  approximation  involves 
terminal  shock  wave  position.  An  infinitely  sharp  cowl  lip  is 
assumed .  The  terminal  shock  wave  is  considered  to  remain  attached 
to  the  rim  of  the  cowl  during  critical  and  supercritical  operation. 

In  practice,  the  terminal  wave  stands  slightly  ahead  of  the  lip, 
critically,  due  to  finite  rim  bluntness.  Subcritically,  the  terminal 
shock  may  be  positioned  large  distances  upstream  of  the  lip.  The 
detachment  distance  is  largely  a  function  of  inlet  mass-flow-ratio 
(a  more  complete  discussion  of  this  phenomenon  is  presented  in 
Section  4.4).  In  the  calculations  of  this  section,  rube;  iiical  shock 
position  is  considered  to  be  an  infinites!;,**.!  distance  ahead  of  the 
inlet  entrance  plane  as  illustrated  in  Figure  4  ~  13.  Of  course, 
this  "fixed"  terminal  check,  assumption  will  result  in  a  law  drag 
estimate  at  reduced  inlet  mass  flow. 
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4.3.1  Two -Dimensional  Inlets 
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family  of  two  and  three-shock  inlets, 
along  D'E'FGA  as  shown  in  Figure  4-6 
above,  flow  is  spilled  supersonically. 
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The  calculation  path  is  taken 
.  Based  upon  the  assumptions 


Two-shock  additive  drag  is  presented  in  Figures  4-14  through  4-21. 
Note  that  the  variable  *s  shown  in  these  figures  is  called  a  lip 
position  parameter.  It  is  considered  to  be  a  primary  characteristic 
of  a  given  inlet  configuration.  The  lip  position  parameter  is  defined 
as  the  acute  angle  between  the  free -stream  flow  direction  and  a  line 
drawn  between  the  leading  edge  of  the  ramp  and  the  cowl  lip.  Mass 
flow  variation  is  presented  as  the  ratio  MFR/MFRmax>  where  MFR  is  the 
operating  mass -flow-ratio  and  MFRmax  4s  the  mass -flow-ratio  correspond¬ 
ing  to  critical  operation  for  a  given  configuration  (typified  by  A  ). 
Ramp  angles  used  for  each  Mach  number  correspond  to  optimum  design 
according  to  Oswatitsch  analysis  techniques  presented  in  Reference  5« 


Three-shock  additive  drag  is  presented  in  terms  of  the  same  parameters 
used  to  describe  two-shock  values.  Again,  cowl  lip  position  is 
specified  by  A  .  Multiple  shock  inlet  designs  that  achieve  precom¬ 
pression  by  thl  use  of  three  or  more  shocks  can  not  be  characterized 
by  Asalone.  That  is,  the  position  of  the  ramps  with  respect  to  one 
another  and  with  respect  to  the  cowl  lip  have  a  definite  impact  upon 
inlet  performance.  To  incorporate  this  geometric  influence  in 
theoretical  three -shock  additive  drag  calculations  -  without  introducing 
added  complexity  -  the  cowl  lip  is  assumed  to  lie  along  a  plane 
perpendicular  to  the  aft  ramp  and  passing  through  the  intersection 
of  the  oblique  shocks.  This  geometric  restriction  is  illustrated  in 
Figure  4-22.  Three -shock  additive  drag  values  for  Oswatitsch 
optimum  turning  are  presented  in  Figures  4  -  23  to  4  -  30. 


Theoretical  two  and  three— shock  additave  drag 


levels  presented  above 


are  clearly  applicable  to  all-external  compression  inlets.  They 
apply  to  mixed  compression  inlets  as  well,  depending,  of  course,  on 
the  number  of  external  shocks  associated  with  a  given  internal-external 
compression  field.  For  example,  two -shock  values  can  be  used  to 
approximate  additive  drag  for  a  single  external  shock  system.  Likewise 
three -shock  all -external  additive  drag  is  equivalent  to  that  for  a 
mixed  compression  design  with  two  external  oblique  shock  waves.  Mixed 
compression  configurations  with  more  than  two  external  shocks  are 

VAX  V.  X- J  • 
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The  equivalence  between  all -external  and  mixed  compression  inlet  flow 
fields  is  clearly  shown  in  an  example  of  Section  4.1.  Recall  that 
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tctn?_  momentum  V  et  the  inlet  entrance  plane  is  constant  whether 
evaluate!  upstream  of  the  attached  normal  shock  wave  (along  D-E  in 
Figur<  4  -  6}  or  downstream  of  the  shock  (along  D’-E ')  •  Thus,  the 
presence  of  this  terminal  wave  has  no  influence  on  theoretical 
additive  drag,  Since  the  terminal  wave  is  treated  as  attached  even 
at  reduced  mass  "low,  it  could  have  been  ignored.  The  flow  field 
upstream  of  the  normal  shock,  hence  additive  drag,  is  identical 
to  that  of  a  mixed  compression  inlet  with  two  external  oblique  shock 
waves.  Additive  drag  coefficients  presented  in  Figures  4  -  14  to 
4  -  30  are  more  rigorous  for  the  mixed  compression  configuration 
because  terminal  sh  ck  position  at  reduced  mass  flow  ratio  does  not 
influence  the  calculation  as  was  the  case  for  an  all -external  inlet. 


.3.2  Three-Dimensional  Inlets 

A  discussion  of  theoretical  additive  drag  for  three-dimensional  inlets 
is  presented  herein.  Design  charts  are  shown  for  axisymmetric  inlets 
employing  right  circular  cones  as  shock  generator  surfaces  (spikes). 

An  analysis  technique  for  a  double -cone  spike  configuration  is  also 
included.  Due  to  mathematical  complexities  associated  with  arbitrary 
three-dimensional  inlet  analyses,  this  discussion  will  be  restricted 
to  axisymmetric  inlets. 


Flow  over  the  forward  portion,  of  an  axisymmetric  inlet  with  a  conical 
spike  is  governe  1  by  the  equation: 
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with  the  additional  restriction  — 


«  V 

A  definition  of  each  variable  in  Equation  (4,l6)  is  contained  in 
Appendix  D.  It  is  important  to  note  that  a  non-uniform  flow  field 
results  from  the  solution  of  this  equation  and  that  additive  drag 
calculations  are  more  complex  than  those  associated  with  two- 
dimensional  flow. 
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Static  pressure  along  the  spike  surface  is  constant,  hence,  no  adde ' 
difficulty  arises  with  the  evaluation  of  ramp  drag.  Since  flow  at 
the  inlet  entrance  is  non-uniform,  total  momentum  there  must  be 
integrated  along  a  path  from  the  spike  to  the  cowl  lip.  Referring 
to  Figure  4  -  31,  inlet  entrance  total  momentum  is  integrated  along 
D— C . 


Rather  than  evaluate  theoretical  additive  drag  by  calculating  along 
A-F-F.-D-C  (in  Figure  4  -  31),  a  direct  integration  along  the  stagnation 
streamline  (path  A-B-C)  is  used.  As  shown  in  Reference  6,  the 
streamline  can  be  approximated  by  connecting  a  series  of  truncated 
conical  flew  surfaces  between  the  free-stream  and  the  cowl  lip.  A 
cross -sectional  view  of  the  stream  surface  construction  is  illustrated 
in  Figure  4  -  32.  The  integration  is  treated  in  a  stepwise  manner 
and  the  relation  for  additive  drag  becomes. 


The  summation  index  J  refers  to  a  particular  ray  originating  at  the 
cone  and  passing  within  boundaries  formed  by  the  initial  shock  and 
the  cone  surface.  Integration  begins  at  the  shock  wave;  and  ends  with 
the  ray  L  which  intersects  the  cowl  lip.  Note  that  thermodynamic 
properties  are  constant  along  each  ray. 


Additive  drag  charts  are  presented  in  Figures  4-23  through  4  -  UL. 
Each  figure  consists  of  two  design  charts  derived  from  Reference  6. 


flight  Mach  number  and  lip  position  parameter  \6.  Once  mass -flow - 
mtlo  has  been  determined,  the  second  chart  may  be  entered  to 


oh  lain  theoretical  additive  drag  coefficient.  Each  set  of  curves 


corresponds  to  a  given  spike  serai -vertex  angle 


Since  the  analysis  makes  no  provision  for  a  detached  terminal  shock, 
additive  drag  coefficients  obtained  from  Figures  4  -  33  to  4  -  41  are 
rigorous  fee  critical  or  supercritical  inlet  operation  only.  Oub- 
critical  conditions  may  be  approximated  by  entering  the  second  chart 
of  the  set  at  the  desired  inlet  mass-flow-ratio. 


A  double-cone  spike  configuration  has  been  investigated  and  the  results 
available  to  date  are  presented  in  Appendix  D.  While  additive  drag 
design  charts  have  not  been  obtained,  there  are  some  aspects  of  the 
analysis  that  should  be  noted. 

Flow  over  the  forward  cone  is  purely  conical,  hence,  the  path  of  the 
stagnation  streamline  in  this  region  can  be  obtained  from  Equation 
(4.17).  The  aft  cone  (actually  a  truncated  cone)  generates  a  curved 
conical  shock  wave  as  shown  in  Figure  4  -  45.  Flow  properties  down¬ 
stream  of  the  curved  shock  are  non-uniform  and  do  not  satisfy 
conical  flow  equations.  Region  2  (defined  in  Figure  4  -  45)  flow  is 
determined  by  the  method  of  characteristics.  The  stagnation  streamline 
may  be  defined  in  this  region  by  tracing  its  path  through  the  flow 
net  in  a  6tepwise  manner  similar  to  that  used  in  conical  flow.  Additive 
drag  is  calculated  by  integrating  numerically  the  pressure  difference 
(^local  ~  Po)  acting  on  the  streamline. 

4.4  Terminal  Shock  Wave  Position 

Numerous  simplifying  assumptions  are  employed  to  facilitate  theoretical 
additive  drag  calculations,  each  of  which  serve  to  degrade  the  estimate 
in  varying  degrees.  Terminal  shock  wave  position  is  one  such  assumpt¬ 
ion.  Often  a  terminal  wave  can  stand  large  distances  ahead  of  the 
inlet  entrance.  The  high  pressure  region  behind  this  wave  can  increase 
the  ramp  drag  contribution  to  additive  drag  appreciably  above  that 
obtained  with  an  "attached"  shock  approximation.  An  extensive  examina¬ 
tion  of  simple  concepts  for  predicting  the  shape  and  position  of 
detached  shock  waves  (Reference  7)  has  shown  that  a  method  proposed 
by  Moeckel  yields  satisfactory  results  at  supersonic  speeds.  This 
technique  will  be  presented  below  and  its  influence  on  theoretical 
additive  drag  will  be  illustrated. 

A  terminal  shock  wave  must  stand  ahead  of  the  inlet  lip  when  super- 
senic  1T.LC‘V  exists  Just  of*  th*?  entrance  and  duct  air 

demand  is  below  the  critical  value .  A  method  for  estimating  shock 
location  and  shape  as  a  function  of  mass  flow  that  is  spilled  over 
the  cowl  is  derived  from  Reference  8.  It  is  assumed  that  the  form 
of  the  shock  between  its  foremost  point  and  its  sonic  point  is 
adequately  represented  by  an  hyperbola  asymptotic  to  the  free- 
stream  Mach  lines.  Also,  spillage  is  assumed  to  occur  two- 

dimensionally _ in  the  X-Y  plane  as  shown  in  Figure  4-46  and 

locally  two-dimensional  in  the  case  of  an  axisymmetric  inlet. 
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Figure  4-46  presents  the  terms  used  in  a  two-dimensional 
calculation.  The  coordinate  Ym  denotes  the  free -stream  location 
of  the  streamline  that  separates  the  mass  entering  the  inlet  from 
that  passing  over  the  cowl.  The  intersection  of  this  streamline 
with  the  detached  shock  wave  is  assumed  to  be  the  origin  of  the 
hyperbolic  portion  of  that  shock  wave.  In  order  to  determine  the 
quantity  fs  Asbl  the  continuity  equation  is  applied  to  the  fluid 
passing  the  sonic  line.  The  area  As  of  Figure  4-46  must  be 
determined  such  that  spilled  air  can  pass  through  it  at  sonic 
conditions.  In  most  caseB  the  cowl  lip  will  be  quite  sharp,  hence, 
the  sonic  point  on  the  cowl  lip  can  coincide  with  the  leading  edge. 
Using  these  criteria,  the  expression  for  the  location  of  the  vertex 
of  the  detached  shock  wave  becomes: 


aX  .  AX  /  MFR 

Ysb  "  Yiip  “l1,  "  MFR^ 


f  B*Sin(6s 


1.0 


where. 


B‘C0S(6s) 

(4.16) 


^  a  —  flow  direction  behind  the  shock  angle  $s  for  which 
sonic  velocity  exists  downstream  at  Mo 


B  *  (PT0/'*-Tfl)c  A*/A0 


■  total  pressure  recovery  at  the  centroid  of  the  flow 

passing  the  sonic  line 
c 

C  eB*(s.TAN(*  )  -/b2»TAS2{*8)  -  1.0.  ) 

_ 8 

8  =  -  1.0 


The  pressure  recovery  (rT  /r.j-g)  varies  with  terminal  shack  strength 
and  hence  the  Mach  number  aheadcof  the  terminal  shock.  If  the  inlet 
flow  field  is  not  constart  at  large  distances  ahead  of  the  lip(i.e., 
an  isentropic  compression  surface),  shock  location  must  be  iterated 
to  reflect  the  proper  value  of  (Pt0/p>j>s)  * 


Spillage  about  an  axially  symmetric  inlet  tends  to  vary  from  locally 
two-dimensional  at  high  inlet  mass  flow  to  that  obtained  with  a 
closed  body  of  revolution  at  low  inlet  flow.  Since  relatively  low 
spillage  values  are  of  greatest  intere  t,  it  is  assumed  that  flow 
near  the  cowl  lip  is  two-dimensional.  With  the  same  reasoning,  a 
two-dimensional  value  of  total -pres sure  recovery  at  the  mass  centroid 
(see  definition  of  (Pt0/Pts)c  above)  will  he  used.  Detachment 
distance  for  an  axisymmetric  inlet  takes  the  form: 
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flX  _  AX 

Yob  =  Ylip 


j 

1 

3FR 

max 

MFK 

MFEmax 


)2  B  COS(6e) 


1*0  -  E  C0S(6s) 


-  TAN(fi8) 


[c  ♦  TAK(«S)] 

(4.19) 


where  the  terms  employed  in  Equation  (4.19)  are  as  defined,  above  or 
in  Figure  4-46. 


Experimental  correlation  with  this  shock  prediction  technique  for 
blunt  nosed  bodies  is  presented  in  Reference  7*  Figure  4-4?  shows 
the  results  of  this  compilation  and  the  excellent  agreement  provided 
by  such  an  approach. 


Reference  9  has  incorporated  the  Moeckel  technique  in  theoretical 
additive  drag  calculations  for  an  isentropic  compression  surface. 

A  comparison  of  additive  drag  coefficients  obtained  with  a  detached 
terminal  shock  and  with  a  "fixed"  (attached)  terminal  shock  is 
presented  in  Figure  4-48.  Discrepancies  resulting  from  an  attached 
normal  shock  assumption  at  reduced  mass-flow-ratios  are  apparent  in 
this  figure. 

4.5  Additive  Drag  Correction 

The  full  value  of  theoretical  additive  drag  is  rarely  charged  as  a 
penalty  to  the  airplane  at  low  supersonic  or  subsonic  speeds.  Cowl 
and  sideplate  suction  created  by  the  spilled  air  tends  to  reduce 
the  drag  penalty.  A  method  for  correcting  theoretical  additive  drag 
estimates  is  discussed  in  this  section  and  a  correlation  factor 
kADD  i*5  presented. 

External  drag  varies  with  inlet  mass -flow -ratio  since  the  amount 
of  air  spilled  around  the  inlet  affects  the  pressure  field  acting 
on  the  external  surfaces  of  the  airplane.  To  eliminate  the  effect 
of  varying  mass -flow -ratio  on  external  drag  levels,  an  external 
drag  corresponding  to  the  maximum  inlet  mass -flow -ratio  is  chosen 
to  represent  the  external  drag  of  the  airplane.  This  reference 
drag  level  is  assumed  to  remain  constant  with  mass -flow -ratio.  A 
correction  is  then  applied  to  theoretical  additive  drag,  to 
account  for  the  change  in  the  external  pressure  field  with  mass- 
flow  -ratio. 
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Figure  4-49  illustrates  the  correction  technique  employed  to  obtain 
corrected  additive  drag.  Curve  X  is  the  sum  of  model  external  drag 
and  corrected  additive  drag  obtained  from  a  wind  tunnel  axial  balance 
reading.  The  drag  reading  has  been  corrected  for  buoyancy  effects, 
sting  effects,  base  drag  and  Internal  drag.  If  a  reference  mass  flow 
ratio  is  now  established,  the  term  Kadd  can  be  defined  as 


kADD 


(Corrected  DADD)  MFR  ~  (Corrected  Dapp)  Ref.  MFR 
(Theoretical  D^p)  MFR  -  (Theoretical  D^p)  Ref.  MFR 


or 

kADD  " 


ACorrected  D^pp 
^Theoretical  Dadd 


Now  from  Figure  4-49,  we  see  that 


XMFR  “  XREF  ■  [(Corrected  mfr  +  (DeXTERNAL-MODEL,)*®^] 

[(Corrected  Dadd) REF  +  (DexTERNAL-MODEL)REF 


If  the  model  is  designed  correctly,  the  external  model  drag  will  be 
independent  of  MFR;  therefore, 

X  -  A Corrected  Dadp 

or 


To  find  the  total  aircraft  drag  the  corrected  additive  drag  is  simply 
adjusted  to  pass  through  the  reference  external  drag  point,  determined 
by  aerodynamic  force  model  tests,  as  shown  in  Figure  4-54.  As  Figure 
4-54  points  out,  the  reference  MFR  for  the  external  drag  point  will  not 
necessarily  be  the  same  as  the  reference  MFR  used  in  the  KadD  calcula¬ 
tions.  In  many  cases,  the  reference  MFR  for  the  external  drag  point  is 
MFR=1  in  which  case  the  corrected  additive  curve  will  probably  (for  inlets 
with  external  compression)  have  to  be  extrapolated  to  MFR  -  1. 

The  corrected  additive  drag  can  be  expected  to  vary  with  external  cowl 
shape,  cowl  length,  lip  shape  and  thickness,  ramp  geometry,  sideplate 
geometry  and  thickness,  flight  condition  and  mass-flow-ratio. 

Several  experimental  studies  have  been  conducted  in  an  effort  tc 
emperically  evaluate  these  interrelated  effects.  References  10- 
13  contain  the  results  of  these  studies.  Reference  10  concentrated 
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on  two  dimensional  inlets  with  design  Mach  numbers  from  2.2  to  3.0. 
Reference  11  was  limited  to  development  of  t.h«  A3J-1  inlet.  Refer¬ 
ence  iz  iooned  at  a  sma  11  matrix  of  open  nose  inlets  while  Reference 
13  contains  a  fairly  large  matrix  of  inlets  including  open  nose, 
single  cone  axisymmetric,  F-4  type  two  dimensional  and  a  uniquely 
designed  opposed  ramp  two  dimensional  inlet.  Each  of  these  reports 
is  useful  in  showing  the  effects  of  varying  various  inlet  component 
configurations.  Several  curves  from  Reference  13  are  included  as 
Figures  4-55  through  4-58  to  illustrate  these  effects.  It  should  be 
pointed  out  here  that  extreme  care  should  be  exercised  in  using 
absolute  drag  values  and  in  comparing  data  from  one  of  these  reports 
to  another  because  of  variation  in  definitions  and  differences  in 
test  procedures  and  equipment.  It  is  felt  that  each  report  is,  however, 
consistent  within  itself  so  that  the  effects  of  the  Various  geometry 
changes  are  correctly  evaluated.  As  might  be  expected,  the  correction 
factor  K ADO  reflects  the  influence  of  these  variables.  Unfortunately, 
^ADD  is  also  affected  by  the  approximations  used  in  the  calculation  of 
theoretical  additive  drag. 

The  preceding  discussion  leads  one  to  believe  that  additive  drag 
correction  is  complex  beyond  use.  Until  the  spillage  phenomenon  is 
better  understood,  an  uncompromising  approach  to  actual  additive 
drag  prediction  may  be,  in  fact,  useless.  However,  if  a  compromise 
is  acceptable,  an  approximate  additive  drag  correction  obtained  from 
Reference  11  data  is  available. 

Data  from  Reference  11  is  shown  in  Figures  4-50  through  4-52.  These 
data  are  presented  in  the  form  illustrated  in  Figure  4-49  and  are 
used  to  define  the  variation  of  K^dd  with  Mach  number  found  in 
Figure  4-53.  Note  here  that  the  correction  factor  is  invariant  with 
mass-flow-ratio.  While  the  factors  of  Reference  10  _do  vary 

with  mass-flow-ratio,  a  number  of  "average"  correction  factors 
were  selected  from  this  data  and  superimposed  on  Figure  4-53.  As 
indicated,  Eeference  10  data  shows  good  agreement  with  the  0.125 
scale  A-5A  inlet  model  data  of  Reference  11. 

At  present,  the  additive  drag  correction  factor  shown  in  Figure  4-53 
is  the  most  useful  correlation  available.  Although  it  is  not  completely 
rigorous,  it  should  yield  acceptable  actual  additive  drag  estimates  for 
preliminary  inlet  analyses . 


4-18 


References 


1.  '"ibulkin,  Herwin,  Theoretical  and  Experimental  Investigation  of 
Additive  Drag,  NACA  Report  11B7,  1954. 

2.  Fradenburgh,  E,  A,  and  Wyatt,  D.  D.,  Theoretical  Performance  Character¬ 
istics  of  3harp-Lip  Inlets  at  Cubsonic  Speeds,  NACA  Report  1193,  1954. 

3.  Hess,  J.  L.  and  Smith,  A,  M.  0.,  General  Ilethod  for  Calculating  Low 
Speed  Flow  about  Inlets,  AGARD  Specialists'  Meeting  on  Aerodynamics 
of  Power plant  Installation,  October  25-27,  1965. 

4.  Cmith,  A,  M.  0.  and  Pierce,  J.,  Exact  Solution  of  the  Neumann  Problem, 
Calculation  of  Hon-Circulatory  Plane  and  Axially  Symmetric  Flows  about 
or  VJithin  Arbitrary  Boundaries,  Douglas  Aircraft  Company,  Incorporated, 

Report  EC  26908,  April,  1958. 

5.  Hermann,  R.,  Eupersonic  Inlet  Diffusers  and  Introduction  to  Internal 
Aerodynamics,  Minneapolis-Honeywell  Regulator  Company,  Minneapolis, 

1956. 

6.  Ilascitti,  V.  R.,  Charts  of  Additive  Drag  Coefficient  and  Mass-Flow-Ratio 
for  Inlets  Utilizing  Right  Circular  Cones  at  Zero  Angle  of  Attack, 

HA 'A  TH  D-3434,  1966, 

7.  Love,  '.'.  A  Reexamination  of  the  Use  of  Dimple  Concepts  for  Predicting 
the  chape  and  Location  of  Detached  ’-hock  Waves,  NACA  TN  4170,  1957. 

8.  Moeckel,  W.  E. ,  Approximate  Method  for  Predicting,  Form  and  Location  cf 
detached  Chock  Waves  Ahead  of  Plane  or  Axially  Symmetric  Bodies,  NACA 
TE  1921,  1949. 

9.  Wires,  R.  W,,  Inlet  Methodology,  North  American  Rockwell  Corporation, 

January,  1963. 

10.  Peterson,  M,  W,  and  Tamplin,  G,  C,,  Experimental  Review  of  Transonic 
'pillage  Drag  of  Rectangular  Inlets,  AFAPL-TR-66-30,  1966. 

11.  0.125  "cale  A3J-1  Inlet-Duct  Model  Results  and  Analysis  of  Lewis  Test 
’■T<).  2003,  EA60H-265.  (Unpublished) 

12.  Peterson,  M.  Vi.,  and  Tamplin,  G.  C.,  Open  Nose  Additive  Drag  Test  Results 
at  Subsonic  and  Transonic  Spedds,  North  American  Rockwell  Corp.,  NA64-921, 
September  1964. 

13.  McVey,  F.  D. ,  Rejeske,  J.  V.,  Phillips,  E.  V.,  et.al..  Experimental  Evaluation 
of  Inlet  Drag  Characteristics  in  the  Transonic  Mach  Number  Range,  McDonnell 
Douglas  Corp.,  AFAPL-TR-68-119,  November  1968. 


4-19 


1.  Net  thrust  by  definition  is  the  rate  of  change  of  momemtum 

between  stations  0  and  2 

F'fi  =  aVe  +  Ae  (Pe-P0)  -  mV0-A0  (Pj-»Po) 

2.  Propulsive  force  actually  felt  by  body  is 

Fhe  =  mVg  +  Ag  (Pe  -  P0)  -  mV!  -  Aj.  (Pi  -  P0) 

3.  mVx  +  Ai  (Pi  -  P0)  *  mV0  -  A0  (P0  -  P0) 

4.  The  difference  is  a  force  increment  in  the  drag  direction, 

_  _  i  m _ i  a  jjiii _  rv _ 
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FIGUIiE  4-1  Illustration  of  Meaning  of  Additive  Drag 
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0*1 


Subsonic  Operation 


FIGURE  4-7.  Open  Nose  Inlet  at  Mass  Flow  Ratio  Less  Than  1.0 
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Additive  Drag  Coefficient 


FIGURE  4-8.  Theoretical  Additive  Drag  Coefficient  -  Open  Nose  Inlet 
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Illustration  of  stagnation  Point  Movement  L'ith  Hass  Flow  Variation 

for  a  Blunt-Lipped  Inlet  .  . 

(a)  Stagnation  Stream-Tube  Area  Variation 


(b) 


Mathematical  Approximation 


.-28 


(b) 


;ia33  Flow  Ratio  ==»1.D 


wiocid  Potential  Flow 
ctual  Flow 


■>r  harp-lip  Inlet 


'IG'J?.  "  lv 
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■13,  Illustration  of  Terminal  Shock  Wave  Position  and  Approximation 
Used  in  Theoretical  Auditive  Drag  Calculations 
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Additive  Drag  Coefficient  -  Cp  =  P^qAc 


Additive  Drag  Coefficient  -  On  =  F?  Ap 


60 


FIGURE  4-16.  Theoretical  Additive  Drag  Coefficient  for  2-Jhock,  All- 
External  Inlet  or  Ilixea  Compression  Inlet  with  dingle 
External  Chock 
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FIGURE  4-13.  Theoretical  Additive  Crag  Coefficient  for  2- ''hock 
'xtemai  Inlet  op  Mixed  “onpression  Inlet  with  '"i 
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FIGURE 


Mass-Flow  Ratio  -  MFR/MFR-^ 


1-20.  Theoretical  Additive  Drag  Coefficient  for  2-Ihock,  A1 
External  Inlet  or  Mixed  Compression  Inlet  with  Single 
Rxtcmal  Chock 
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FIGURE  4-22.  Illustration  of  S-^hock  Geometric  Relationships 
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Theoretical  Additive  Drag  Coefficient  for  3-Shock,  All-Sxternal 
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FIGURE  h-l»5*  Ill-strati-'r.  of  '"'ou^Io-Gono  Inlet  Flow  Field 
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Additive  Drag  Coef f icient -'Cp  =Da/piQAc 


Mas s -Flow- Ratio  “>MFR 

FIGURE  4-48  Illustration  of  Theoretical  CD  Variation 
Resulting  From  "Attached"  Terminal  Shock 
Position  Assumption,  Mach  2.4  Design 
Isentropic  Ramp  at  Mach  2.4. 
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FIOURF  4-50.  Drag  Variation  Vith  !iass  Flow  Ratio 
--o  =  0.9  6^2  ~  4.5"  a  -  1.5" 
.125  Oc ale  A-5A  Inlet  Model 
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4-32.  Drag  Variation  VJith  Mass  Flow  Ratio 
Mo  =  1.97  £ -|2  -  17.5'"  ar-  1.5° 
.125  7c ale  A-5A  Inlet  Model 
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5 . 0  Inlet  Instability  and  Unsteady  Fiow  Phenomena 


Unsteady  internal  aerodynamic  flow  phen  mena  can  occur  in  all 
flight  regimes,  both  subsonic  and  supersonic.  In  most  of  the 
cases,  the  unsteadiness  is  internal  to  the  inlet  and  is  due 
to  a  rapid  static  pressure  increase  in  the  presence  of  a  boundary 
layer.  In  this  case  the  pressure  rise  causes  separation  of  the 
boundary  layer  which  usually  leads  to  unsteady  flow.  If  this 
unsteady  pressure  pulse  is  large  enough  to  stall  the  engine  or  if 
the  inlet-engine  dynamics  are  such  that  the  pressure  pulse  is 
amplified  until  the  engine  stalls,  the  system  is  termed  unstable. 


5 . 1  Unateady  Flow  at  Static  and  Subsonic  Flight  Conditions 

Reference  1  points  out  that  static  pressure  gradients  and  the  initial 
condition  of  the  boundary  layer  are  important  factors  that  affect  both 
performance  and  flow  steadiness.  It  is  also  pointed  out  that  flew 
unsteadiness  more  often  accompanies  high  diffuser  entrance  Mach 
numbers.  This  is  because,  for  a  given  wall  divergence  angle  that 
gradient  in  static  pressure  Increases  rapidly  at  high  subsonic  Mach 
numbers.  To  illustrate  this,  Figures  5  -  1,  5  -2,  and  5  -  3  are 
presented  to  show  the  theoretical  pressure  ratio  in  a  length  equal  to 
one  initial  diameter  for  the  moderate  diffuser  half  angles  of  2,  U, 
ar.d  6  degrees. 

Tests  of  a  family  of  diffusers  were  reported  in  Reference  1.  The 
inlets  to  the  diffusers  were  bellmouth.  A  sketch  of  a  representative 
test  specimen  and  the  instrumentation  is  shown  in  Figure  5  -  4.  The 
measurements  that  were  taken  include  static  pressure  fluctuations 
near  the  diffuser  exit  as  well  as  performance.  The  diffuser  shapes 
that  were  tested  were  described  by  maximum  wall  divergence  angle. 

The  maximum  angles  were  8°  and  13.5°.  The  initial  angles  varied 
from  zero  to  6°.  An  important  variable  was  the  initial  condition  of 
the  boundary  layer.  The  initial  condition  was  varied  by  trip  wires 
placed  on  the  bellmouth  entry  contour.  For  some  of  the  tests,  when 
the  initial  boundary  layer  was  attached,  the  parameter  used  to 
express  the  thickness  was  6/r,  the  ratio  of  the  momentum  thickness 
to  the  duct  radius.  When  the  initial  boundary  layer  was  separated, 
the  thickness  was  expressed  in  terms  of  6 */r,  where  5*  was  the 
displacement  thickness.  Data  from  the  tests  described  above  appear 
in  Figure  5-4,5-  5,  ana  5-6  where  the  percentage  static  pressure 
fluctuation  at  the  diffuser  exit  measuring  station  is  plotted  versus 
macs  flow  ratio.  Also  shown  on  the  plots  arc  n^nlitudes  corresponding 
to  a  beat  frequency  that  was  present.  This  denotes  that  there  were 
oscillations  of  more  than  one  frequency  present  producing  a  beat 
of  higher  amplitude  and  lower  frequency  when  two  oscillatory  dis¬ 
turbances  came  into  phase  to  reinforce  each  other. 
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A  similar  phenomenon  was  discussed  in  Reference  2.  The  subject 
tests,  cn  which  most  of  the  lov  speed  loss  methodology  of  Section 
2.0  was  based,  had  a  total  pressure  probe  with  a  transducer  Just 
upstream  of  the  simulated  conpresscr  face,  here,  as  in  the 
tests  discussed  above,  a  pressure  fluctuation  of  lower  frequency 
and  higher  amplitude  was  superimposed  on  the  average  periodic 
oscillation.  Referee  e  2  gives  a  sketch  like  Figure  5  -  7  to 
illustrate  the  general  nature  of  the  oscillograph  traces  that 
were  recorded  during  the  tests.  An  a;  .riodic  maximum  total 
pressure  fluctuation  appeared  along  with  a  more  periodic  average 
fluctuation.  Dynamic  data  for  two  of  the  eight  test  specimens 
were  taken.  Such  data  was  taken  for  a  sharp  lipped  inlet  and 
one  with  a  lip  radius  of  0.l6  inches;  the  inlet  diameter  was 
slightly  over  4  inches.  Figure  5-0  shows  data  for  the  sharp 
lipped  inlet  and  Figure  5-9  shows  data  for  the  round  lipped 
inlet.  The  data  shows  that  amplitude  ratios  tend  to  decrease 
as  speed  increases.  Also,  smaller  amplitude  ratios  are  shown 
for  the  round  lipped  inlet  than  for  the  sharp  lipped  inlet. 

These  phenomena  again  can  be  related  to  the  severity  of  the 
pressure  gradient.  Since  the  degree  of  separation  becomes  less 
severe  with  speed  increase  and  with  lip  bluntness,  the  ratio  of 
aerodynamic  flow  area  between  downstream  and  upstream  decreases 
and  hence  static  pressure  gradient  decreases.  The  data  is 
presented  versus  the  Mach  number  at  the  simulated  compressor 
face.  To  facilitate  more  detailed  study  of  the  data  as  it 
relates  to  conditions  at  the  inlet,  the  theoretical  relationship 
between  the  inlet  Mach  number.  Mi,  and  the  compressor  face  Mach 
number,  Mi,  for  the  model  being  discussed  is  presented  as 
Figure  5-10. 

5.2  Duct  Rumble  and  Twin  Duct  Instability 

Duct  rumble  is  an  unsteady  flow  phenomenon  that  has  occurred  at 
high  subsonic  speeds.  In  Reference  3,  duct  rumble  was  associated 
with  the  Mach  number  region  of  0.55  to  0.92  when  operating  at 
very  low  inlet  velocity  ratios  when  there  is  boundary  layer  present. 
In  this  case  '..he  high  static  pressure  gradient  is  in  front  of 
the  inlet.  At  the  low  inlet  velocity  ratios  corresponding  to  an 
engine  v'indmilling  or  idle  power  operating  condition,  the  entering 
flow  has  a  small  free  -stream  tube  area  that  expands  to  fill  the 
inlet  area  as  shown  in  Figure  5-1L  Increasing  the  mass- f low-ratio 
decreases  the  static  pressure  gradient  in  the  expanding  stream 
tube  and  would  eliminate  the  rumble,  but  this  is  not  often  possible 
since  the  inlet  size  is  dictated  by  the  larger  flow  quantities. 

An  effective  boundary  layer  diverter  is  the  method  most  often 
used  to  alleviate  the  problem. 

Twin  duct  instability  is  a  problem  that  can  occur  when  twin  ducts 
empty  into  a  common  chamber  to  feed  one  engine.  Referring  to 
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Figure  5  -  12,  if  the  inlet  is  operating  at  the  point  corresponding 
to  the  pressure  peak  at  Point  s,  a  disturbance  such  as  the  boundary 
layer  interaction  mentioned  previously  can  cause  the  operating 


poxnt  Or  one  inlet.  to  move  to  Point  b  , 


the  ether  to  move  to 


Point  a,  A  sufficiently  effective  boundary  layer  removal  system 
would  cause  the  point  for  peak  static  pressure  to  be  at  zero  velocity 
ratio  and  hence  the  problem  of  twin  duct  instability  would  be 
eliminated.  The  problem  of  twin  duct  instability  can,  of  course, 
occur  in  supersonic  flight  and  should  be  avoided  there  too.  In  a 
supersonic  application,  adverse  twin  duct  interaction  was  alleviated 
by  perforating  the  wall  between  ducts  upstream  of  the  juncture  to 
equalize  the  static  pressure  and  enable  the  crossflow  to  provide 
viscous  damping. 


5.3  Supersonic  Unsteady  Flow  Phenomena 

Figure  5  -13  is  a  typical  pressure  recovery  versus  mass  flow  ratio 
curve  for  an  external  compression  inlet  operating  supersonically. 

On  it  are  noted  the  regions  of  possible  instabilityj  on  the  super¬ 
critical  leg  of  the  curve,  normal  shock  oscillation  and  the  possible 
buzz  region  occur ing  subcritically . 

Two  points  of  the  curve  are  mentioned  as  being  possibly  able  to  create 
an  engine  stall  condition. The  lower  of  these  two  is  not  likely  to  happen 
in  a  practical  situation  since  it  would  require  a  large  increase  in 
corrected  weight  flow  demand.  However,  under  an  engine  out  condition, 
the  decrease  in  air  flow  demand  could  cause  such  a  condition  as  the 
point  at  which  the  intensity  of  buzz  would  be  sufficient  to  stall  the 
engine.  The  consequences  of  the  other  regions  of  unsteady  flow  and 
instability  can  range  from  annoying  noise  levels  to  minor  aircraft 
structural  damage. 


5.3.1  Supercritical  Normal  Shock  Oscillation 

What  is  happening  here  is  not  unlike  the  phenomenon  that  was 
demonstrated  in  the  small  scale  low  speed  tests  discussed  in  a 
previous  section.  The  degree  of  this  type  of  difficulty  that  can 
be  experienced  due  to  engine  variations,  inlet  control  system 
tolerances,  etc.  can  be  minimized  by  boundary  layer  control. 

However,  as  the  inlet  becomes  more  supercritical  the  normal  shock  moves 
further  aft  in  the  duct.  It  is  impractical  to  remove  the  boundary 
layer  along  the  full  length  of  the  subsonic  duct.  Therefore  at  some 
supercritical  mass  flow  the  normal  shock  will  move  out  of  the  region 
of  con tr clad  boundary  layer  and  into  a  region  of  sufficient  boundary 
layer  that  separation  occurs  which  usually  leads  to  unsteady  flow. 

This  type  of  unsteady  flow  is  characteristically  of  high  frequency  and  is 
not  necessarily  an  instability. 
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5.3*2  Inlet  Buzz 


Buzz  is  the  low  mass-fiev. •  ratio  phenomenon  in  which  the  normal  shock 
moves  in  and  out  cf  the  duct  in  an  attempt  to  satisfy  continuity. 
Separation  of  cither  duct  or  pre -compression  surface  boundary  layer 
occurs  during  part  of  the  hut'  cycle.  Figure  5-14  shows  schematic 
sketches  of  two  buzz,  triggering  theories.  In  the  upper  one  when 
the  normal  shock  is  expelled  from  the  duct,  a  vortex  sheet  from  the 
shock  intersection  impinges  or.  the  duct  wall  and  separates  the 
boundary  layer  which  changes  the  aerodynamic  flow  area  in  such  a 
way  that  the  shock  wants  to  be  swallowed.  After  it  is  swallowed  the 
vortex  sheet  disappears  so  that  continuity  again  demands  an  expelled 
shock  position. 

In  the  lower  diagram,  the  high  diffuser  pressure  is  being  fed  through 
the  boundary  layer  causing  separation,  an  altering  of  the  aerodynamic 
flow  area  distribution,  asking  for  shock  swallowing,  and  then  after 
the  shock  is  swallowed,  the  physical  reason  for  the  swallowing  require¬ 
ments  is  removed,  and  the  ufccle  process  repeats  itself. 

In  a  prototype  flight  test  program  or.  &  supersonic  aircraft,  a  consid¬ 
er'  ble  amount  of  data  was  gathered  on  performance,  distortion,  buzz, 
a  .d  buzz  in  combination  with  engine  compressor  stall.  For  that 
particular  aircraft  the  results  were  suisaariaed  as  follows: 

1.  The  fundamental  buzz  component  appeared  to  hove  a  frequency 
near  10  cps  and  an  amplitude  on  the  order  of  of  free -stream 
total  press  we, 

2.  Compressor  stall  often  accompanied  buzz  with  pulse  frequencies 
on  the  order  of  1  to  b  cps  and  amplitudes  of  up  to  2/i  of 
free -stream  total  pressure . 

3.  That  the  locations  of  the  maximum  amplitudes  appeared  to  be 
in  the  downstream  portion  of  the-  diffuser. 

These  may  be  thought  of  as  being  near  typiealj  however,  the  effects 
of  distortion  and  stall  tolerance  of  the  compressor  are  important 
factors. 


5.4  Inlet/Engine  Dynamic  Interaction 

For  the  design  of  an  optimum  engine/inlet  system,  an  Important  inter¬ 
face  area,  it  is  imperative  that  the  airframe  and  engine  manufacturers 
work  more  closely  together.  Typically,  the  engine  and  airframe 
manufacturer  each  design  to  the  maximum  steady  state  operating 
condition.  However,  acceptable  transient  and  off-design  operation 
of  air-breathing  propulsion  systems  result  in  the  scheduling  of  the 
various  components  below  their  optimum  steady-state  performance  levels. 
At  off-design  operation,  it  is  likely  that  certain  inlet-engine 
transients  would  cause  unstable  operation.  Although  scheduled 
stability  margins  are  required  for  only  small  portions  of  the  mission 
timewise,  they  impose  a  performance  penalty  for  all  steady-state 
operations.  This  makes  it  necessary  for  the  airframe  and  engine 
manufacturers  to  work  cloeely  together  in  this  interface  area  and 
make  each  other  aware  of  tue  off-design  limitations  of  the  components. 
Then,  an  optimum  dynamically  designed,  air  breathing  propulsion  system 
will  result. 


During  an  inlet  development  program,  initial  dynamic  measurements 
should  be  made  from  the  beginning.  As  the  program  progresses  and 
larger  scale  models  are  tested,  more  complete  instrumentation  can  be 
installed.  The  random  pressure  data  thus  obtained  require  random 
data  analysis  techniques  such  as  time  correlation,  spatial  correla¬ 
tion  and  spectral  analysis  in  order  to  develop  distortion  design 
criteria. 


Instrumentation  requirements  for  propulsion  system  dynamic  testing 
include  extremely  high  response  pressure  transducers  with  frequency 
response  capability  up  to  5,000  cps  for  scale  model  testing. 


Air  inlet-engine  incompatibility  has  become  a  major  problem  of  high 
speed  aircraft.  The  phenomenon  consists  of  inlet  (or  engine)  induced 
flow  distortions  and  pressure  pulsations  which  may  cause  compressor 
stalls,  duct  unstarts,  etc.  One  approach  to  the  dynamic  interaction 
problem  is  to  mathematically  model  the  inlet/engine  combinations  and 
then  subject  the  system  to  high  frequency  transients.  However,  in 
most  cases  the  pressure  fluctuations  are  random,  requiring  that  random 
data  analysis  techniques  be  utilized  such  as  power  spectral  analysis. 
For  the  convenian -.e  cf  thi  reader  a  few  of  the  more  common  terms 
encountered  in  statistical  analyses  of  inlets  are  discussed  below.  For 
more  rigorous  definitions  and  discussions  the  reader  is  referred  to 
any  good  text  on  Statistical  Analysis,  a  good  example  of  which  is 
Reference  4. 


Power  Spectral  Density  (PSL-)  is  a  representation  of  how  the  mean  square 
value  of  the  variable  being  considered  is  distributed  over  the  frequency 
range.  In  the  case  of  inlet  analysis  the  variable  of  interest  is  pressure 
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fluctuation  and: 


\(PSD)  d  (freq) 
<•>0 


C^Pkms)2 


The  great  utility  of  the  PSD  representation  is  that  if  "energy"  is 
concentrated  at  or  near  particular  t  equencies,  such  concentration 
appear  as  "spikes"  on  the  PSD  graph,  and  the  generating  mechanism 
is  hence  often  determined.  An  example  PSD  plot  is  shown  at  the  top 
of  Figure  5-16. 


Amplitude  Probability  Density  (APD)  represents  the  probability  of 
occurrence  of  a  given  amplitude  at  any  given  time.  The  Central  Limit 
Theorem  states  that  the  APD  for  a  variable  that  results  from  a 
succession  of  random  events  can  be  expected  to  approach  a  Gausian  or 
Normal  distribution.  An  example  APD  plot  is  shown  at  the  bottom  of 
Figure  5-16.  This  curve  is  extremely  useful  since  it  displays  the 
"randomness"  of  the  data.  Most  of  the  tools  of  statistical  analysis 
are  based  on  the  assumption  of  purely  random  variations.  If  this  is 
not  true  then  the  statistical  analysis  is  invalid.  Thus  if  the  APD 
curve  varies  very  much  from  a  Normal  Distribution  statistical  analysis 
should  not  be  used.  A  good  example  of  this  is  an  inlet  in  buzz.  The 
definition  of  turbulence  given  in  Section  5.4.1  can  include  pressure 
variations  due  to  inlet  buzz.  However,  since  the  buzz  disturbance 
will  tend  to  dominate  the  pressure  fluctuations  due  to  other  sources  the 
APD  plot  of  an  inlet  in  buzz  will  not  be  Normal.  Therefore  statistical 
analysis  is  not  possible. 


5.4.1  Inlet  Turbulence  and  Dynamic  Distortion 

Duct  turbulence  is  defined  in  most  inlet  studies  as  the  AC  component 
of  the  pressure  (usually  engine  face  total)  at  a  particular  point.  The 
source  of  duct  turbulence  can  be  external  to  the  engine  installation 
such  as  free  stream  disturbances,  wing  or  fuselage  vortices  or  boundary 
layer;  or  it  can  be  internal  such  as  a  burner  instability,  local 
separation  in  the  compressor  or  afterburner  blow  out  as  well  as  duct 
boundary  layer  instability. 

A  survey  of  the  steady  state  engine  face  total  pressure  of  any  engine 
installation  will  reveal  an  uneven  distribution  of  pressure  across  the 
engine  face.  This  uneveness  is  called  distortion.  A  standard  parameter 
for  the  measurement  of  this  distortion  is  (Pmax-Pmin) /^average-  If. 
instead  of  steady  state  data,  a  survey  is  made  of  the  instantantaneous 
absolute  value  of  engine  laCc  total  pressure  this  observed  distortion 
is  called  instantaneous  or  dynamic  distortion. 


Much  work  has  been  done  in  recent  years  in  trying  to  correlate 
turbulence,  steady  state  distortion  and  dynamic  distortion  to 
degradation  in  engine  performance  and  particularly  to  compressor 
stall  or  surge.  Recent  developments  have  brought  about  several 
more  complicated  parameters  for  measuring  distortion  such  as  ND1, 

KD2,  K^,  KRA,  K^,  etc.  These  parameters,  however,  are  related 
to  specific  engines  and  are  developed  according  to  the  characteristics 
of  that  engine.  It  has  been  found  that  there  is  an  interrelation 
between  engine  tolerance  to  turbulence,  steady  state  distortion  and 
dynamic  distortion  as  well  as  engine  face  total  pressure  recovery. 

For  example  a  lower  steady  state  average  engine  face  recovery  is 
usually  associated  with  a  lower  tolerance  to  turbulence.  For  this 
reason  turbulence  is  usually  shown  in  the  literature  divided  by  PT2. 
Also  a  higher  value  of  APjy4s/PT2  will  result  in  a  lower  tolerance 
to  distortion.  An  example  of  the  manner  in  which  this  varies  is 
chcwn  in  Figure  5-15.  (It  should  be  pointed  out  here  that  there 
is  a  slight  inconsistency  in  the  currently  available  turbulence  data. 
Some  of  the  data  is  in  terms  of  A?  while  the  rest  is  inAPRMS*  Since 
these  two  are  not  always  clearly  differentiated,  care  should  be  taken 
to  determine  which  is  being  used.  For  a  purely  random  distribution 

AP  «  6  APrms)  . 

Most  of  the  current  effort  in  this  field  has  been  concentrated  on 
the  gross  parameters  such  as  steady  state  distortion  and APrms/PT2 
because  of  the  availability  of  data  and  ease  of  data  acquisition  as 
well  as  the  amount  of  data  required.  There  are  those,  however,  who 
believe  that  these  gross  parameters  will  never  show  a  good  enough 
correlation  to  stall  and  that  the  more  detailed  analysis  methods  and 
parameters  will  have  to  be  used  s'ich  as  instantaneous  pressure  maps, 
power  spectral  density  plots  and  even  narrow  frequency  band  turbulence 
measurements  throughout  a  wide  frequency  range.  For  example,  results 
of  Pratt  &  Whitney  Aircraft  TF-30  turbofan  engine  testing  (Refer¬ 
ence  5)  indicates  that  the  percent  loss  in  compressor  surge  line 
showed  some  correlation  with  the  RMS  total  pressure  parameter  ^ PTrms] 
in  the  frequency  range  from  zero  to  about  the  rotors  revolution  ^T2 

(160  Hertz),  however,  it  did  not  predict  surge.  The  TF-30  test 
results  indicate  that  the  surge  inducing  event  is  instantaneous 
distortion  and  is  predictable.  The  frequency  range,  however,  had  to 
be  timed  to  the  rotor  rotation  (0  to  160  Hertz)  in  order  to  predict 
surge.  There  were  cases  where  larger  dynamic  distortion  occurred 
than  that  which  caused  surge,  but  its  time  duration  was  evidently  too 
short  to  affect  the  engine.  PAW  found  that  their  circumferential  dis¬ 
tortion  factor  (Kg)  plotted  as  a  function  of  time  for  high  cut  rates 
predicted  the  pending  surge  slightly  after  the  peak  of  Kq  occurred 
in  nearly  every  case  provided  that  a  160  Hertz  low-pass  filter  was 
used  or.  the  data  prior  to  analysis. 
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The  fact  thf-t  the  test  data  analysis  to  date  has  not  found  a 
parameter  or  combination  of  parameters  using^f’Tjyj^  and  a  form 
of  steady  state  distortion  that  correlate  well  with  the  surge 
event  does  not  mean  that  one  does  not  exist.  Much  effort  is 
still  being  expended  to  find  such  a  correlation. 

It  is  hoped  by  some  that  a  "Universal"  distortion  parameter  can 
be  found  that  is  correlatable  to  stall  for  all  engines.  If  such 
a  "Universal"  parameter  or  group  of  parameters  do  exist  it  is 
more  probable  that  they  will  be  found  in  the  detailed  analyses 
methods.  It  will  then  be  necessary  to  decide  whether  it  is  best 
to  use  a  "Universal"  analysis  method  that  is  very  detailed  or  an 
individual  empirical  analysis  method  of  more  easily  obtained  gross 
parameters.  There  are  obviously  uses  for  each. 

Another  area  of  study  in  the  inlet  dynamics  field  is  the  problem 
of  how  to  scale  turbulence  from  model  to  full  size.  It  is  very 
important  to  be  careful  here  in  the  use  of  the  terms  decay,  dis¬ 
persion,  and  dissipation  since  considerable  confusion  can  arise 
if  the  terms  are  used  interchangeably.  As  used  here: 

DECAY  is  the  decline  in  magnitude  of  the  turbulence  kinetic  energy 

DISPERSION  is  the  spreading  of  the  turbulence  kinetic  energy  over 
the  range  of  wave  numbers  by  inertial  interaction  of  the  eddies 

DISSIPATION  is  the  process  by  which  the  action  of  molecular 

viscosity  actually  converts  the  kinetic  energy  of  the  turbulence 
to  heat. 

Pratt  &  Whitney  has  conducted  a  study  in  this  area  (Reference  6). 

The  conclusions  of  this  study,  although  not  yet  universally  accepted, 
give  evidence  that  for  most  inlet  turbulence  the  rate  of  decay  of 
turbulence  within  both  subscale  models  and  full  scale  inlets  is  primarily 
limited  by  dispersion  rather  than  by  dissipation.  As  a  consequence, 
the  decay  of  inlet  turbulence  intensity  will  be  independent  of  the 
inlet  Reynolds  number  over  a  very  broad  range  of  Reynolds  numbers. 

This  simplifies  the  scaling  of  turbulence  energy  spectra.  For  cases 
where  this  is  not  true  it  should  be  pointed  out  that  sub-scale 
turbulence  tests  will  give  an  unduly  conse  vative  prediction  of  turbulence 
intensity  at  the  engine  face.  It  should  also  be  emphasized  that  the 
above  discussion  is  concerned  with  turbulence  decay  and  not  with  turbulence 
production  which  can  be  very  configuration  and  Reynolds  number  dependent. 
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6.0  Inlet  Control  Considerations 


As  flight  speeds  increase,  the  role  of  the  air  induction  control 
system  becomes  more  important.  This  is  a  natural  consequence  of 
the  increased  ram  compression  available  at  supersonic  flight  speeds. 

For  example,  potential  ram  compression  is  greater  than  7.8  at  Mach  2.0, 
36.7  at  Mach  3.0  and  76.2  at  Mach  3.3.  Within  the  flight  regime  being 
discussed,  ram  pressure  potential  exceeds  present  state-cf-the-ar t 
turbojet/ turbofan  overall  compression  ratios.  Hence,  the  inlet  becomes 
important  and  an  integral  part  of  the  propulsion  cycle. 

The  primary  function  of  a  supersonic  inlet  is  to  efficiently  convert 
the  kinetic  energy  of  free-stream  air  to  pressure.  In  addition,  the 
inlet  must  supply  the  correct  amount  of  air  at  velocities  which  the 
engine  can  accept.  And  it  should  do  this  with  low  drag  over  the 
entire  range  of  operation.  With  increasing  flight  Mach  number,  the 
task  of  the  inlet  becomes  more  difficult,  and  inlet  design  becomes 
more  sophisticated  to  meet  a  wide  range  of  requirements.  Inlets  for 
Mach  1.3  to  2.5  aircraft  all  incorporate  variable  geometry  features  to 
provide  variable  precompression  and  engine  airflow  matching.  These  systems 
maintain  the  normal  shock  externally,  and  therefore,  the  control  system 
is  relatively  straightforward.  Aircraft  above  2.5  maintain  the  shock 
internal,  and  are  normally  referred  to  as  a  "mixed  compression"  or 
"started"  inlet.  Needless  to  say,  such  inlets  require  complex  control 
sys  terns . 

Optimum  air  induction  system  performance  necessitates  an  inlet  control 
system  that  will  maximize  total  pressure  recovery,  minimize  spillage 
drag  (additive  drag)  and  recover  as  much  total  momentum  of  by-passed 
airflow  as  possible.  Specific  topics  that  must  be  considered  are: 


a) 

Requirements  for  the  variable  geometry  inlet  and  the 

control  system  that  must  control 

it. 

b) 

Approaches  to  obtaining  variable 

geometry. 

c) 

Closed  loop  vs  open  loop  control 

system. 

d) 

Sensors . 

e) 

Servo-Valves . 

r.  \ 

K  _  4 _ * _ _  „ 

■_  ua  Lui  o  • 

g) 

Linkages 

h) 

Error  Analysis 
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These  topics  will  be  discussed  herein  and  their  impact,  both 
singular  and  cumulative,  on  the  air  induction  system  will  be 
stressed. 

6 . 1  Requirements  for  an  Air  Inlet  Control  System 


The  amount  of  compression  available  from  a  supersonic  inlet  afforded 
by  converting  the  kinetic  energy  of  the  air  to  pressure  is  shown  in 
Figure  6-1  as  a  function  of  the  total-to-f ree-stream  static  pressure 
ratio,  PTo/po  .  Thus,  for  an  aircraft  flying  at  0.9  Mach  number,  the 
theoretical  ram  pressure  is  1.7  times  the  free-stream  static  pressure, 
whereas  for  a  supersonic  jet  flying  at  Mach  3  the  theoretical  ram 
pressure  is  36  times  the  ambient  pressure,  and  at  Mach  4  the  ideal 
theoretical  pressure  is  150  times  the  ambient  pressure.  These  pressure 
ratios  are  considerably  greater  than  the  sea  level  static  compression 
ratio  of  a  turbojet,  and  at  supersonic  flight  conditions  the  turbojet 
compression  ratio  is  markedly  reduced  making  inlet  compression  even 
more  significant. 

Also  shown  in  Figure  6-1  are  practical  limits  of  the  total  pressure 
for  three  inlet  types.  Type  I  is  for  subsonic  and  low  supersonic 
flight  speeds  up  to  approximately  Mach  1.5,  a  simple  normal  shock 
inlet  provides  very  efficient  compression  of  the  air.  With  this  inlet 
type  the  air  is  decelerated  from  supersonic  to  subsonic  velocities  through 
a  single  "normal  shock".  This  inlet  requires  no  control  mechanism  since 
the  normal  shock  is  stable  and  will  adjust  to  varying  engine  airflow 
requirements.  The  F-100  employs  this  type  of  inlet.  With  a  Type  1 
inlet,  total  pressure  losses  increase  very  rapidly  above  Mach  1.5;  thus, 
it  is  no  longer  a  practical  inlet  for  operation  near  Mach  2.0  or  above. 
Type  II  is  for  the  intermediate  speed  range  from  Mach  1.5  to  2.5,  an 
external  compression  inlet  can  provide  good  pressure  recovery  (i.e., 
inlet  total  pressure  divided  by  the  free-stream  total  pressure).  With 
an  external  compression  inlet,  supersonic  flow  is  decelerated  externally 
to  a  lower  supersonic  Maun  number  by  one  or  more  oblique  shocks  and/or 
isentropic  compression  turns  prior  to  deceleration  to  subsonic  velocities 
through  a  "normal  shock"  at  the  cowl  lip  station.  The  normal  shock  has 
a  small  range  of  stable  operation  and  can  adjust  to  only  a  small  amount 
of  engine  airflow  variation;  however,  this  range  can  be  increased  by 
providing  bleed  flow  in  the  normal  shock  region.  Variable  geometry  is 
required  with  this  inlet  to  enable  it  to:  operate  efficiently  over  a  range 
of  Mach  numbers,  to  provide  better  engine  matching  characteristics,  to 
vary  the  amount  of  external  compression,  and  to  reduce  the  spillage 
drag.  Type  III  is  a  mixed  compression  inlet  and  is  for  high  supersonic 
Mach  numbers,  2.5  and  above.  As  the  free-stream  Mach  number  changes, 
the  inlet  control  system  is  required  to  vary  the  amount  of  turning  of 
the  free-stream  air  by  varying  the  inlet  components.  This  concept  is 
generally  referred  to  as  a  "started"  or  mixed  compression  inlet  and  has 
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both  external  and  internal  compression  requirements  for  the  f rue- 
stream  air.  The  reason  for  these  two  compression  modes  is  that 
there  is  a  limit  of  approximately  12°  that  the  air  can  be  turned. 

If  this  limit  is  exceeded,  the  efficiency  of  the  inlet  is  reduced, 
which  results  in  both  less  thrust  output  by  the  engine  and  increased 
aerodynamic  drag  on  the  overall  airplane.  Therefore,  above  approxi¬ 
mately  2.5  considerably  better  performance  can  be  obtained  with  an 
external-plus-internal  compression  inlet.  With  this  third  inlet 
type,  the  flow  is  decelerated  supersonically  to  a  low  throat  Mach 
number  by  a  series  of  oblique  shocks.  It  is  then  decelerated  to 
subsonic  velocity  through  a  "normal  shock"  located  near  the  minimum 
area  or  throat  region.  Some  sort  of  variable  geometry  is  required 
to  vary  the  amount  of  compression  and  usually  to  accommodate  starting 
characteristics  of  the  contracted  internal  flow  passage. 

6.1.1  Inlet  Control  System  Performance 

The  inlet  pressure  recoveries  shown  in  Figure  6-1  for  the  different 
inlet  types  are  representative  of  the  maximum  practical  pressure 
recoveries  of  each  inlet  type  and  do  not  reflect  any  penalties  due 
to  control  tolerances  or  due  to  mismatches  with  engine  airflow  re¬ 
quirements.  Therefore,  the  inlet  control  system's  tolerances  must 
be  compatible  with  the  operational  limits  of  the  total  propulsion 
system.  This  means  that  the  configuration  and  performance  of  the 
inlet  control  system  can  vary  considerably  for  aircraft  in  different 
speed  regimes.  Generally,  the  higher  the  Mach  number  the  more 
accuracy  and  sophistication  is  required  by  the  control  system. 

Figure  6-2  shows  typical  inlet  performance  characteristics  at  a 
given  supersonic  Mach  number.  The  performance  is  given  in  terms 
of  the  inlet  pressure  recovery,  PTi/Fx0,  the  inlet  mass-flow-ratio 
MFR--which  is  defined  as  the  actual  capture  flow  divided  by  the 
ideal  flow  which  could  pass  through  the  inlet  projected  area — and 
the  inlet  spillage  drag  coefficient,  Cd3.  During  supercritical 
operation  with  the  normal  shock  swallowed,  the  inlet  captures 
constant  relative  weight  flow.  When  the  normal  shock  is  downstream 
of  the  capture  station  (as  shown  by  the  lower  sketch)  the  pressure 
recovery  is  low  (Point  A);  by  throttling  the  inlet,  the  pressure 
recovery  can  be  driven  up  to  a  critical  point  (Point  C)  where  the 
shock  is  just  attached  to  the  cowl  lip.  This  is  considered  the 
optimum  operating  point  for  inlet  pressure  recovery.  Further 
throttling  of  the  inlet  will  drive  the  normal  shock  ahead  of  the 
cowl  lip,  spilling  some  flow  externally  (as  shown  by  the  upper 
sketch  for  Point  B).  The  portion  of  the  inlet  performance  curve 
above  the  critical  Point  C  is  called  subcritical  operation.  Proper 
throttling  of  the  inlet  is  the  function  of  the  control  system.  The 
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weight  flow  spilled  during  the  subcritical  operation  results  in 
increased  drag  as  shown  in  the  lower  right-hand  corner  of  the 
figure.  On  such  a  pressure  recovery-relative  weight  flow  plot, 
lines  of  constant  engine  corrected  airflow  are  shown  by  straight 
lines  radiating  from  the  origin.  The  intersection  of  this  engine 
corrected  weight  flow  line  with  the  inlet  operating  curves  is  the 
operating  point  for  a  specified  inlet  size.  For  a  high  engine 
corrected  weight  flow,  the  intersection  may  be  in  the  supercritical 
portion  of  the  inlet  performance  curve  (Point  A).  For  a  low  engine 
corrected  weight  flow,  the  engine  operr ting  line  may  intersect  the 
inlet  operating  curve  at  Point  B  giving  higher  pressure  recovery  but 
some  increased  spillage  drag.  The  optimum  operating  point  is  a 
trade-off  between  pressure  recovery,  mass-flow  and  drag.  For  any 
one  flight  condition,  the  inlet  can  be  sized  to  operate  at  the  most 
favorable  point  of  the  performance  curve.  However,  at  other  flight 
conditions  the  engine  airflow  requirements  may  not  match  the  inlet 
airflow  characteristics  and  either  a  pressure  recovery  penalty  (exem¬ 
plified  by  Point  A)  or  a  drag  penalty  (exemplified  by  Point  B)  may 
result. 

6.1.2  Inlet  Off-Design  Point  Penalties 

The  problem  of  inlet-engine  matching  is  discussed  in  Figure  6-3  for 
two  extreme  cases  of  inlet  design:  (1)  for  an  inlet  having  a  fixed 
capture  area  in  which  all  the  compression  is  internal  and  the  amount 
of  compression  is  varied  by  varying  the  internal  geometry  and  throa 
area;  and  (2)  for  an  inlet  having  a  fixed  throat  area  in  which  the 
compression  is  external  and  the  amouixt  of  compression  is  varied  by 
varying  the  external  flow  spillage  and  free-stream  capture  area.  For 
this  example,  both  inlets  were  sized  to  deliver  100  percent  relative 
weight  flow  (MFR  a  1.0)  at  a  Mach  number  of  3.  The  relative  weight 
flow  schedules  for  the  two  inlets  are  shown  in  the  upper  half  of 
Figure  6-3.  The  fixed  capture  area  inlet  has  a  constant  relative 
weight  flow  ct  1.0,  whereas  the  fixed  throat  area  inlet  has  a 
relative  weight  flow  schedule  which  markedly  decreases  below  the 
design  Mach  number,  dropping  to  approximately  30  percent  at  Mach  1.0. 
On  the  lower  portion  of  this  figure  is  shown  the  corrected  weight  flow 
schedule  of  the  fixed  capture  area  inlet,  the  fixed  throat  area  inlet, 
and  a  typical  turbojet  engine.  Thus,  the  fixed  throat  area  inlet 
would  deliver  constant  corrected  weight  flow  to  the  engine,  whereas 
the  fixed  capture  area  inlet  would  deliver  greatly  increased  airflow 
at  low  Mach  numbers.  A  typical  engine  corrected  airflow  schedule 
falls  in  between  and  varies  by  a  factor  of  2  between  Mach  1.0  and 
3.0. 


Since  a  fixed  capture  area  inlet  typically  delivers  more  air  than  the 
engine  can  use,  excess  flow  must  be  spilled  through  downstream  by-pass 
doors  and  a  drag  penalty  is  incurred.  On  the  other  hand,  fixed  throat 
area  inlet,  which  delivers  too  little  airflow  off-design,  operates 
supercritically  (with  the  normal  shock  being  located  downstream  of 
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the  throat,  Figure  6-2)  at  a  reduced  total  pressure.  The  loss  in 
total  pressure  incurred  by  the  fixed  throat  area  inlet  is  illustrated 
in  Figure  6-4.  With  this  inlet,  a  50  percent  loss  in  total  pressure 
recovery  is  incurred  at  Mach  numbers  between  1.0  and  2.0.  In  compari¬ 
son,  the  fixed  capture  area  inlet  (by  virtue  of  downstream  flow 
spillage)  could  operate  along  the  maximum  pressure  recovery  potential 
of  this  inlet  below  the  design  Mach  number.  The  drag  of  these  two 
inlets  is  shown  in  the  lower  half  of  Figure  6-4.  Although  fixed  throat 
area  inlet  requires  no  downstream  flow  spillage,  the  large  amount  of 
external  spillage  results  in  even  higher  drags  than  the  downstream 
by-pass  spillage  of  fixed  capture  area  inlet. 

6.1.3  Inlet-Engine  Airflow  Matching 

The  effect  of  the  matching  loss  on  engine  performance  is  shown  in 
Figure  6-5.  The  upper  half  of  this  figure  shows  the  relative  net 
thrust  which  is  normalized  by  the  thrust  for  a  perfectly  matched 
inlet  having  no  drag.  On  this  basis,  the  fixed  capture  area  inlet 
causes  a  small  thrust  penalty  due  to  the  drag  of  the.  by-pass  flow 
spillage;  however,  the  fixed  throat  area  inlet  with  its  lower  airflow 
handling  capability  causes  a  large  thrust  penalty  amounting  to  as 
much  as  60  percent  at  the  low  Mach  numbers.  The  relative  thrust 
specific  fuel  consumption  is  shown  on  the  lower  half  of  this  figure. 

On  this  basis  the  differences  are  reduced;  however,  they  are  still 
significant  at  the  lower  Mach  numbers.  As  can  be  seen  from  these 
results,  a  large  thrust  and  fuel  consumption  penalty  is  incurred 
when  the  inlet  airflow  is  too  low  necessitating  operation  at  a 
reduced  pressure  recovery.  Therefore,  it  is  extremely  important  to 
design  the  inlet  to  capture  as  much  airflow  as  the  engine  can  handle 
at  the  maximum  inlet  pressure  recovery.  Although  not  as  severe,  the 
airplane  drag  penalty  due  to  capturing  too  much  weight  flow  must  be 
carefully  considered. 

6.1.4  Inlet  Transients,  Buzz  and  Distortion  Limits 

During  transient  operation  of  the  engine  or  aircraft,  specific  fuel 
consumption  can  be  allowed  to  increase  without  any  significant  effect 
on  range  because  of  the  short  time  spent  in  these  transient  conditions. 
However,  during  these  transients,  it  is  important  that  the  inlet  and 
engine  combination  does  not  get  into  any  conditions  which  could  result 
in  engine  stall  or  excessive  aircraft  roughness.  For  these  reasons 
it  is  important  to  avoid  operating  regions  which  result  in  (1)  excessive 
distortion  at  the  engine  face,  (2)  inlet  buzz  conditions,  and  (3)  duct 
ur.s  tarts. 

The  definition  of  regions  where  buzz  or  excessive  distortion  can  occur 
involves  a  very  empirical  science  and,  in  general,  test  data  are 
required  to  define  these  regions  for  specific  applications.  Wind  tunnel 
test  data  provide  a  qualitative  feel  for  the  regions  of  concern.  It  is 
recognized  that  these  regions  may  be  influenced  to  some  extend  by  the 
presence  of  the  engine  and,  therefore,  in  the  actual  installation,  these 
regions  may  change  somewhat. 
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The  buzz  and  distortion  regions  are  influenced  by  a  multitude  of 
parameters  sued  as  Mach  number,  angle  of  attack,  angle  of  yaw, 
engine  airflow,  spike  or  ramp  position  inlet  turn  angle.  For 
buzz  and  distortion  regions  encountered  during  engine  airflow 
transients,  Figure  6-6  illustrates  the  desired  operating  point 
in  terms  of  inlet  turn  angle  and  spike  position  at  the  nominal 
engine  airflow  at  a  flight  Mach  number  of  1.8  and  typical  angles 
of  attack  and  yaw.  Also  shown  on  this  map  are  the  regions  of  airflow 
and  spike  position  where  excessive  distortion  and  bu2z  can  occur  at 
this  particular  turn  angle. 

This  figure  also  depicts  the  same  buzz  and  distortion  regions  at  the 
turn  angle  which  is  scheduled  for  the  maximum  corrected  engine  airflow 
which  can  be  obtained  at  this  Mach  number 

6. 2  Conf iguration  of  Variable  Geometry  Inlets 

Generally,  these  approaches  fall  in  two  categories,  the  two-dimensional 
inlet,  or  commonly  referred  to  as  2-D  and  the  axisynunetric  of  3-D. 

Each  approach  will  be  discussed  from  a  control  system  standpoint  only. 

6.2.1  Two-Dimensional  Inlets  (2-D) 


This  type  of  inlet  is  rectangular  in  nature  from  the  inlet  to  the 
throat  and  then  as  the  duct  approaches  the  engine  face,  it  makes  a 
transition  to  a  circular  cross-section  to  mate  with  the  engine. 

These  inlets  generally  require  a  little  more  distance  between  the 
entrance  Up  and  the  engine  face  than  the  3-D  types.  This  additional 
length  provides  a  better  opportunity  to  minimize  pressure  distortion 
at  the  engine  face.  Some  of  the  existing  airplanes,  utilizing  these 
two-dimensional  inlets  are  F-4,  RA-5C,  XB-70,  Concord,  Russian  TU-144, 
etc.  Figure  6-7  illustrates  a  typical  2-D  type  inlet  control  system. 

The  inlet  control  system  must  position  two,  three  or  four  ramps,  air 
by-pass  doors,  or  a  by-pass  ring,  and  possibly  the  inlet  lip;  however  no 
existing  airplane  varies  the  inlet  lip. 

6. 2.1.1  Ramps 

The  function  of  the  ramps  is  to  vary  both  (1)  the  amount  of  air 
spilled  arcund  the  inlet,  and  (2)  the  throat  area.  In  addition, 
they  provide  an  area  in  which  to  bleed  the  inlet  and  provide  sliding 
air  seals  at  the  ramp  edges.  Since  the  ramps  are  hinged  together, 
their  movement  must  be  coordinated. 
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6 . 2 . 1 . 1 . 1  Ramp  Location 


These  ramps  can  be  located  either  in  a  vertical  or  horizontal 
position.  From  a  controls  point  of  view  they  are  desired  to  be 
located  vertically,  parallel  to  the  fuselage,  for  the  following 
reasons : 

1)  When  two  inlets  are  involved,  it  is  much  easier  to 
provide  synchronization  and  possible  combinations  of 
the  powered  mechanism. 

2)  Fail  safe  position  is  generally  required  to  have  the 
ramps  in  the  retracted  position.  It  is  easier  for 
the  aerodynamic  loads  to  retract  the  ramps  because 
only  friction  forces  must  be  overcome. 

3)  The  back  up  structure  is  much  more  rigid  because  it 
generally  is  in  the  fuselage.  This  provides  less 
structural  deflection  inputs  to  the  system. 


If  they  are  located  horizontally,  usually  additional  back  up 
structure  must  be  added  to  withstand  the  duct  internal  air  loads. 
Also,  in  case  of  control  system  failure, the  aerodynamic  loads 
required  to  blow  back  the  ramps  must  be  sufficient  to  overcome 
both  the  system  friction  forces  and  ramp  weight. 


The  ramps  are  generally  controlled  by  a  Mach  number  schedule. 

The  sensor  may  be  located  (1)  at  the  inlet  for  a  local  Mach  number 
indication,  or  (2)  in  the  central  air  data  system  for  the  free  stream 
Mach  number.  They  must  be  positioned  at  any  point  between  fully 
extended  to  fully  retracted;  therefore,  the  control  system  must  be 
capable  of  assuming  an  infinite  number  of  positions.  The  system  can 


uc  either  ttu  Open  ui  duScu  loop  SyS 


additional  sensor  located  at  the  throat  which  detects  the  throat 
Mach  number.  This  aerodynamic  signal  Is  fed  back  to  the  controlling 
mechanism.  Mach  2  vehicles  generally  utilize  a  two  ramp  system  and 
Mach  3  vehicles  utilize  either  three  or  four.  However,  the  fourth 
ramp  generally  is  a  two  position  ramp. 


6. 2. 1.1. 2  By-Pass  Ring  or  Doors 

The  function  of  these  doors  or  rings  is  to  provide  a  passageway 
for  the  excess  air  taken  aboard  but  not  required  by  the  engine.  They 
allow  matching  of  the  inlet  duct  air  supply  and  engine  air  intake 
demand.  The  excess  air  may  be  utilized  as  secondary  ci  oling  air  and 
then  discharged  overboard. 
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j.  _  .  1  .  1  .  2  .  I  Hv-l’ass  Kluu 


These  tings  are  utilized  just  forward  of  the  engine  face  as  shown 
in  View  "A"  of  figure  6-7,  and  are  generally  found  in  a  type  of 
system  that  does  not  require  fast  response-  This  means  aircraft 
of  the  1.5  -  2.5  Mach  number  range  and  generally  an  open  loop  system 
as  mentioned  above.  These  rings  are  usually  mounted  on  the  engine 
and  translate  forward  to  mate  with  a  fixed  airframe  mounted  ring.  They 
are  controlled  by  vehicle  Mach  numbers.  In  order  to  close  this  loop, 
a  pressure  recovery  sensor  may  be  installed  in  the  diffuser  area  on 
the  inlot . 


ti .  2  . 1  . 1. .  2 . 2  Bv-Pass  Doors 

These  doors  are  utilized  just  forward  of  the  engine  face  as  shown 
in  Figure  6-7,  and  are  generally  found  in  a  system  that  requires 
fast  response.  This  means  aircraft  of  the  2.5  to  3.5  Mach  number 
range,  and  a  closed  loop  system.  These  doors  are  in  two  sizes.  The 
smaller  doors  are  called  "trimmer"  doors  and  are  utilized  to  position 
the  normal  shock  at  pilot  selected  position.  The  larger  doors  are 
slaved  off  the  smaller  ones  as  shown  in  Figure  6-8,  which  is  a 
different  concept  of  the  doors  shown  in  Figure  6-7, 

These  large  doors  are  naturally  designed  to  handle  large  flows  and 
they  should  be  designed  to  discharge  their  air  through  a  convergent- 
divergent  type  nozzle.  This  minimizes  the  drag  penalty.  The  loop 
is  closed  by  an  aerodynamic  feed  back  signal  obtained  from  a  unit 
which  senses  the  normal  shock  position. 

6.2.2  Axially  Symmetric  (3-D)  Inlets 

These  type  inlets  are  of  circular  cross-section  and  conical  longitudinally. 
From  the  inlet's  entrance  lip  to  the  throat,  the  duct  cross-sectional 
area  diminishes  and  from  the  throat  to  the  engine  face  it  increases.  These 
type  inlets  are  generally  shorter  in  length  than  the  2-D  type  for  the  same 
pressure  distortion  level.  Some  of  the  existing  airplanes  utilizing  these 
3-D  inlets  are:  F--104,  B-58,  Boeing's  SST,  Russian  MIG  21  and  SR-71. 

This  type  inlet  is  illustrated  in  Figure  6-9, 

The  inlet  control  system  must  position  the  spike,  air  by-pass  doors, 
or  a  rine. 
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6. 2. 2. 1  Spike 


The  function  of  the  spike  is  to  (1)  control  the  amount  cf  air 
spilled  around  the  inlet  and  (2)  vary  the  throat  (minimum)  area. 

The  most  common  method  that  is  utilized  to  obtain  these  variations 
is  to  translate  the  spike  as  in  Figure  6-9.  However,  alternate 
methods  are  to  translate  the  cowl  or  to  collapse  the  spike. 

The  spike,  of  course,  must  house  an  actuator  that  is  utilized  to 
translate  it  forward  and  aft  or  collapse  it.  The  spike  must  also 
provide  an  area  for  the  boundary  layer  bleed  and  air  seal  at  the 
sliding  surfaces.  The  bleed  air  must  be  ducted  from  the  spike  to 
the  vehicle.  This  generally  limits  the  amount  of  bleed  that  can 
be  accomplished  because  of  the  limited  area  allocated  for  air  ducts. 

If  cooling  is  required,  this  duct  area  limitation  further  constrains 
the  design.  As  in  the  other  types  of  systems,  the  sliding  surface 
must  be  air  sealed. 

6. 2.2.1. 1  Translating  Spike 

This  type  spike  may  be  in  either  360°,  180°  or  90°  segments.  The 
sensor  that  controls  the  position  of  the  spike  is  the  same  as  the 
ones  discussed  for  the  2-D  ramp  which  sensed  local  Mach  parameter 
or  vehicle  Mach  parameter.  When  the  ld0°  or  90°  segment  spike  is 
utilized,  they  are  mounted  on  the  fuselage.  This  location  provides 
more  volume  to  house  the  mechanism  and  duct  the  bleed  air  away  and 
simplifies  the  air  sealing  of  the  sliding  surfaces. 

The  360°  type,  when  utilized,  imposes  a  geometric  constraint  on  the 
AICS  system.  The  mechanism  roust  be  housed  inside  the  spike.  The 
actuator  generally  is  long  and  slender  which  means  its  load  carrying 
capability  is  limited  by  the  poor  slenderness  ratio  of  the  actuator. 
This  type  also  has  a  control  problem  in  angles  of  attack  and  yaw. 

If  the  inlet  is  not  aligned  with  the  flow  the  entering  on  the  windward 
side  experiences  more  compression  while  the  air  entering  the  leeward 
side  experiences  less  compression.  The  inlet  control  system  must 
therefore  control  to  some  average  between  the  two  conditions.  This 
requires  multiple  sensors  around  the  annular  inlet. 

6. 2. 2. 1.2  Collapsible  Spikes 

This  concept  has  the  advantage  of  varying  the  throat  area  more  than 

♦'K  o  i-r-awel  •  VAMatror  fHo  K  1  £>  ■(  r\ »  imH  coal  H  r>  C7  nrr»K  1  om 
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increased.  This  concept  still  requires  additional  inlet  area  for 
take-off. 
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selecting  the  mode  of  control.  The  inlet  control  must  be  sensitive 
to  sudden  changes  ir.  the  entering  air  and  must  also  be  sensitive  to 
downstream  disturbances  caused  by  the  engine.  Such  changes  require 
rapid  response  by  the  inlet  control  to  prevent  disturbing  and  perhaps 
unsafe  aerodynamic  effects  from  occurring  in  the  propulsion  system. 
Conditions  which  could  be  encountered  are  buzz,  shock  expulsion  for 
started  inlet,  engine  stall,  and  llameout.  Any  of  these  conditions 
could  be  a  flight  hazard.  Not  only  must  the  control  react  quickly, 
but  it  must  measure  the  pressure  ratio  signals  with  precision. 

Figure  6-7  is  a  sample  of  the  gross  information  flow  of  a  closed 
loop  system.  The  control  functions  indicated  are  throat  and  by-pass 
actuator  as  a  function  of  a  pneumatic  signal. 

6.4.1  Closed  vs  Open  Loop  Systems 

Thi  question  of  open  loop  versus  closed  loop  inlet  controls  deserves 
close  scrutiny.  Figure  6-10  illustrates  the  difference  between  these 
two  basic  control  concepts. 


The  open  loop  control  schedules  actuator  position  to  predetermined 
values.  A  change  in  actuator  position  has  no  effect  on  the  control 
input  parameters,  so  this  is  termed  open  loop  control.  The  system 
must  measure,  each  parameter  which  requires  a  change  in  the  inlet 
configuration  and  combine  these  schedules  and  biases  with  actuator 
position  feedback  to  achieve  the  desired  output.  Some  commonly  used 
parameters  for  this  type  of  control  are;  local  Mach  number,  diffuser 
exit  Mach  number,  angle  of  attack,  angle  of  yaw,  position  of  other 
inlet  geometry,  and  engine  parameters  indicative  of  airflow  such  as 
corrected  speed  and  compressor  pressure  ratio.  Overrides  are  ofen 
provided  to  account  for  inlet  ^uzz,  restart,  seveic  maneuvers,  or 
sudden  engine  airflow  changes  indicated  by  changes  in  duct  pressure 
or  fuel  manifold  pressure.  Because  the  signals  are  unaffected  b,_ 
actuator  position,  signal  characteristics  have  no  effect  on  the 
dynamics  of  open  Iood  controls. 


A  closed  loop  inlet  control  positions  the  actuator  to  achieve  a 
desired  aerodynamic  effect.  The  selected  input  signals  are  indica¬ 
tive  of  inlet  operation  which  are  strongly  affected  by  actuator 
position.  This  aerodynamic  feedback  gives  a  closed  loop  control. 
Therefore,  the  signal  characteristic  has  a  major  effect  on  loop 
dynamics.  The  slope  of  signal  pressure  ratio  to  actuator  position 
is  a  major  gain  in  the  feedback  path  thus  rontributing  significantly 
to  control  stability  and  response.  In  addition  to  the  signal 
characteristics f  this  type  of  control  must  account  for  inlet  duct* 
transmission  line,  sensor,  servo  control,  and  actuator  dynamics. 
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Parameters  commonly  used  or  considered  for  closed  loop  control  are 
shock  position  and  inJct  Mach  number  at  the  lip, throat,  or  diffuser 
exit.  Overrides  are  often  required  with  closed  loop  controls,  as 
they  are  with  open  loop  controls,  to  achieve  safe  inlet  operation 
under  unusually  severe  operating  conditions. 

Co nsiderations  for  Inlet  Control  System  Selection 

A  comparison  of  open  loop  and  closed  loop  control  considerations  is 
given  in  Table  III. 


""able  in 


L ‘-rials 


it*. cal  Control 
Luxibilit;- 

nuplexit” 

r.stallati 

ov/cr 


'.pen  i.oop 

Insensitive  to  inlet  changes. 
Fixed  geometry  close  to  desired. 
Less  data  needed. 

Loro  predictable  for  restarts 
buzz  and  other  transients. 


Adaptable 

'as;-  to  add  biasing 
parameters. 


Hardware  no re  complex. 

Lain  control  actuator 
position  feedback  difficult. 

"lightly  more  quiescent  power. 


’'epur.ds  on  redundancy  p- 
nnckr.gt.ng. 


Closed  Loop 

Highly  sensitive  t 
inlet  changes. 
Compensates  for  HFH 
tolerances  temr 
effects  on  structure 
&  engine  air  flow 
tclorence. 

Feedback  system  needed, 

Limited  to  change  -f 
probes  requires  mro 
test  data. 

Analysis  more  complex. 

Can  locate  sensors  wit: 
actuators . 

Peak  power  same  as 
open  loop  control. 

Usually  less  than 
open  loop. 


6,4.2. 1  Signals  -  Open  loop  control  parameters  measure  upstream  and  down¬ 

stream  conditions.  Often  this  is  local  liach  number,  entrance  flow 
angularity,  and  diffuser  exit  Mach  number.  The  signals  arc  normally 
unaffected  by  minor  fixed  inlet  configuration  changes,  so  inlet 
geometry  would  therefore  be  positioned  as  it  was  before  the  inlet  was 
modified.  Aerodynamic  wind  tunnel  data  sufficient  to  provide  inlet 
performance  would  be  adequate  to  define  the  signals  and  control 
schedules.  Inlet  unstart,  buzz,  and  other  transients  would  have 
little  effect  on  the  control  signals  so  the  action  would  be  predictable. 


Closed  loop  control  depends  or.  aerodynamic  feedback.  Aircraft 
inlet  control  system  designers  must  have  a  clear  and  thorough  knowl¬ 
edge  of  the  signal  requirements  for  successful  inlet  control.  These 
requirements  must  be  considered  in  the  design  and  test  stages  of  the 
inlet  development  to  assure  that  they  are  obtained. 

Listed  below  are  four  of  the  primary  requirements  for  closed  loop 
aerodomanic  signals: 

1.  Tingle  valued  -  This  avoids  possible  control  saturation 
caused  by  transient  disturbances  away  from  set  point  into 
multi-valued  area. 

2.  High  gain  -  High  signal  gain  is  necessary  to  maintain  a 
small  error  ir.  the  scheduled  parameter  caused  by  set  point 
shifts  within  the  error  band  of  the  control. 

3.  Seasonable  range  -  The  gain  characteristics  must  be  maintained 
f-r  a  reasonable  range  to  avoid  gross  errors  and  possible 
flight  malfunction  caused  by  a  small  error  in  the  set  point. 

U.  Consistent  gain  at  all  conditions  -  A  consistent  value  of 
the  signal  gain  will  enable  the  control  to  be  sized  tv  have 
high  response  at  all  conditions.  If  the  signal  gain  varies 
with  flight  conditions,  stability  requirements  would  generally 
require  the  control  to  be  sized  so  that  the  response  rate 
would  vary  according  to  the  signal  gain  variation, 

Figure  6-11  describes  a  signal  with  ideal  characteristics,  and  a 
comparison  of  this  ideal  signal  to  four  other  signals  with  poor  character¬ 
istics  is  sh'Mwr.  in  Figure  6  -  12, 
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definition  thcr^t^ese  signals  are  located  close  to  regions  of 
high  pressure  gradient  such  as  the  normal  shock.  Small  changes  in 
th-  inlet  c  n  figuration  usually  cause  gross  changes  in  these  signals 
which  1::  t  ;rr.  car.  cause  the  inlet  geometry  to  be  far  from  the  desired 
p.'siti'r.  unless  there  are  additional  changes  to  the  control  such  as 
relocated  signal  probes  or  revised  pressure  ratio  set  points.  Because 
the  signal  slopes  are  so  Important  to  loop  dynamics,  much  more  aero¬ 
dynamic  data  is  needed  for  the  closed  loop  control.  Data  is  needed 
•'  r  the  full  range  of  inlet  geoncti"'  and  for  numerous  potential 
pr  h ■  types  and  locations.  One  advantage  of  closed  loop  control  is 
the  tendency  t-  achieve  automatic  compensation  for  manufacturing 
t  '1  •■’.ranees  in.  the  inlet,  temperature  effects  on  the  structure,  engine 
airflow  t  'lerai.cos,  and  other  fact~rs  of  importance  which  are  not 
measured. 

u.i.2.2  Manual  Control  -  The  open  loop  control  incorporates  output  pesiti'r 
feed'  ack  s  it  is  readily  adaptable  tc  manual  control.  A  closed  loop 
c  n-.tr  1  or.  the  other  hand  usually  does  not  have  this  feedback,  so  one 
he  added. 


6. -*.2.1  Flexibility  -  Because  the  signals  are  outside  the  open  loop  control 
ack  path,  other  parameters  can  be  added  to  bias  output  position 
set- dales  with • ut  upsetting  system  dynamics .  Closed  loop  controls 
ar  less  flexible.  Usable  signals  generally  have  limited  ranges  of 
acceptable  acr  ‘dynamic  gain  so  added  parameters  would  probably  require 
a  change  f  probes.  Another  problem  is  the  loop  dynamics  which  could 
be  gr'-ssly  affected  by  the  added  control  loop  and  thus  require  revised 
c  r.trol  gain  and  c  mper.  sating  networks.  Any  change  requiring  new 
pr  bos  or  l.arre  revision  of  pressure  ratio  set  points  will  likely 
:.ec-.. ssit.it e  new  test  data  over  the  entire  operating  range  of  the  inlet. 

u.  1.2.4  Complexity  -  .per.  loop  controls  depend  cn  measurement  of  all 

■an :  r  parameters  that  affect  inlet  operation.  There  are  more  sens-rs 

r, r'  d  "  c  ""’.Dllt,  d''  ?  devices  Viovhg'n  +■  h  nr*r>  i  n  1  rnrp  hdT’Hvnr-i 
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than  wif  a  closed  loop  control.  The  closed  loop  control  reduces  the 
ran'  cr  -f  sensing  and  computing  functions  by  selecting  parameters 
•which  acc  mplish  the  same  end  by  measuring  the  aerodynamic  effect  or: 
the  ir.let  -f  these  major  parameters  of  influenc'.  Closed  loop  inlet 
c  r.ir  is  require  complex  analysis  of  the  aerodynamic  and  dynamic 
character: sties . 
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6. A. 2. 5  Installation  -  When  the  open  loop  control  uses  several  parameters 
f^r  computing  output  schedules,  these  functions  are  generally  grouped 
into  one  main  control.  Apace  limitations  and  accessibility  result 
in  the  main  control  being  installed  remote  from  the  actuators. 

Position  feedback  must  be  routed  to  the  main  control  through  rather 
tortureous  paths.  Closed  loop  controls  could  locate  the  sensor  with 
the  actuator  and  thus  eliminate  the  installation  difficulties  of 
feedback  systems. 

6. 4.  2. 6  Power  Consumption  -  '-lac's  sensor  and  computing  function  requires 
a  certain  power  drain  on  the  aircraft.  This  quiescent  power  is 
normally  about  5  *  of  peak  power  demands.  The  closed  loop  control 
uses  slightly  less  quiescent  power  because  of  fewer  elements.  It 
must  do  the  same  work  in  the  same  tine,  however,  so  the  peak  power 
is  the  same  as  the  open  loop  control. 

6. 4. 2. 7  Weight  -  Che  weight  of  the  inlet  control  can  vary  widely  depending 

on  the  environment,  fail  safe  features,  self  check  capability,  adjust¬ 
ments  for  flexibility,  complications  fer  ease  of  maintenance,  etc. 
Redundancy  philosophy  and  packaging  concepts  cause  direct  weight 
increments.  The  hardware  simplicity  of  closed  loop  controls  usually 
provide  weight  savings,  '/hen ever  control  system  weights  are  discussed, 
the  tracle-off  between  weight  and  performance  is  tne  deciding  factor. 

A  heavier  control  that  runs  the  inlet  more  efficiently  enables  the 
aircraft  to  achieve  its  flight  objectives  with  lower  fuel  consumption. 
The  weight  of  fuel  saved  can  be  many  times  the  weight  increment  for 
the  c  'ntrol. 

In  addition  to  the  technical  criteria  delineated  above,  and  perhaps 
of  prime  importance,  is  the  time  schedule  and  development  status. 

If  the  period  from  program  initiation  to  flight  deunonstration  is 
short,  then  proven  concepts  and  thoroughly  developed  equipment 
should  be  selected.  This  may  also  dictate  an  open  loop  control 
because  the  closed  loop  control  requi  ves  additional  wind  tunnel 
and  flight  test  data  with  more  complicated  analysis.  Choice  of  a 
closed  loop  control  entails  a  development  risk  but  often  promises 
better  performance. 

Selecting  the  proper  inlet  control  mode  is  a  task  with  many  facets. 
Evaluation  must  be  based  on  requirements  which  provide  operational 
efficiency  and  flight  safety  in  accordance  with  the  overall 
functional  plan  of  the  vehicle. 

6, 5  Sensors 


All  the  sensors  detect  a  pressure  ratio  in  the  inlet.  These  ratios 
have  various  nomenclatures;  however,  they  all  boil  down  to  and 
generally  they  are  as  follows: 

Psig  -  signal  pressure  as  total  pressure 
Fref  =  reference  pressure  as  static  pressure 
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tyv-sea  t^-pos  of  sensors  utilized  are  as  follows: 

1.  ”  .-char.  Leal  -  Bellows,  lovers,  cans,  pistons 

2.  ' 'lec-tr  nic  -  Linear  elements,  transistors,  resistors, 

&  capacitors. 

3.  Dare  Fluid  Devices  -  Pure  fluid  elements. 

’ eh  nr.  leal  Censors 
hot.  '  iu»:  for.cept 

'■ ’>ure  :  -  13  so 'vs  a  force  balance  type  pressure  ratio  sensor.  The 
novice  vrks  on  a  balanced  beam  principal  with  forces  in  equilibrium, 
its  -,et  pipe  valve  is  in  the  null  position,  and  both  flow  and  pressure 
■  Loth  sides  ->f  the  servo  piston  are  equal.  A  change  in  either 
"static  r  "ambient  will  cause  a  force  unbalance  and  deflect  iv.  of 
3 it  ?ip  -  resulting  ir  a  change  .in  both  pressure  and  flow  to  the 
s  :rv  po3i-.iT.,  '"he  loop  is  closed  through  rollers  providing 
position  feedback  from  the  servo  piston.  Such  a  sensor  offers  high 
signal  rain  because  of  the  pressure  and  flow  sensitivity  developed 
the  out  valve  and  good  accuracy  because  of  the  mechanical  design 
an •’  1  ow  displacements  of  the  r.vstem.  However,  this  sensor  is 
car. sit  iv  t-  changes  ir.  the  fluid  viscosity,  or  temperature  changes, 
arc-  pressure  variations  fr  r.  she  aircraft's  hydraulic  system  supply. 

•iciDlti-iCJinnical  Vector  jo  ns  ~ r 

bi'  U’  .  o  -  14  sh'ws  an  innovation  in  hydro-mechanical  pressure  rati: 

.si  -  -  the  "actor  lensor.  This  device  offers  simple  internal 
ft  aback  sensin'*  mechanism.  The  principal  of  operation  of  the 
‘■-.ct  r  't  vr  is  best  explained  by  the  three  sets  cf  vectors  shown 
is.  t he  f . ir  ;.  The  vector  B-P.l  indicates  initial  steady  state 
perati  '.  For  a  change  in  static  press-ure,  the  force  unbalance  on 
the  ulcers  wuld  produce  a  r  -tation  of  point  A  about  point  3  as 
s  vr.  "his  motion  of  point  A  would  be  fed  to  a  double-acting 
3  --rv~  piston  rotated  to  bring  point  A  back  to  its  original  position 
a:/:  null  out  the  flapper  valve, 

:t  can  be  sh  wn  that  for  this  type  of  sensor,  the  tangent  of  «  is 
pr  p'rti  T.al  t.  the  pressure  ratio  sensed  by  the  two  bellows.  It 
r-'IJ  vs  that  sorv  ■  piston  motion  is  proportional  to  a  ,  and  hence 
v  .  have  a  pr-vv.uro  sensing  loop. 


6. 5.1.3 


Force  Balancing  Beam  Concept 


Force  balance  sensors  achieve  their  accuracy  by  the  fact  that  the 
bellows  operate  in  a  fore e-versus-pres sure  regime  which  is  generally 
a  more  linear  relation  than  dcflection-vcrsus-pressure.  Consequently, 
a  minimum  of  shaping  and  functionalizing  is  required.  Low  hysteresis 
is  achieved  due  to  the  principle  -f  ''balanced  force’  and  therefore 
no  strain  is  imposed  on  the  diaphragm  or  bellows.  All  def  i.ection-type 
sons  'rs  exert  a  strain  on  the  diaphragm  and  as  a  result,  exhibit 
definite  hysteresis.  The  force  balance  sensor  exhibits  lowest 
possible  temperature  effects  through  extensive  use  of  stainless 
steel  in  the  elements.  Vibration  refects  are  easily  eliminated  by 
the  additi  r,  of  counterweights  and  viscous  damping,  because  of  the 
electrical  error  output  signal  scheme  employed. 

The  pressure  rati  transducer  shown  schematically  in  Figure  6-15 
is  a  typical  force  balancing  beam  instrument,  with  a  servo-driver, 
shaft  positioning  the  output  synchros,  A  short  stiff  bean,  pivoted 
on  a  movable  fulcrum  which  has  attached  to  it  a  differential  pressure 
bellows  (-'’Tip  -  Fn)  at  one  end  and  an  evacuated  bellows  (Pg)  at  the 
other.  The  bellows  are  attached  to  the  beam  through  flexure  pivots 
w’-'ich  eliminate  the  need  for  knife  edges  and  can  transmit  force  in 
either  direction.  The  team  is  Tree  to  rotate  about  the  fulcrum  by 
displacing  the  bellows  slightly  from  their  normal  balanced  position. 
Control  pressure  Pp  is  fed  into  the  instrument  case  and  reference 
pressure  is  fed  into  a  pressure  bellows.  Pneumatic  forces  are 

applied  tc  the  beam  by  the  two  bellows,  one  evacuated  bellows  producing 
a  force  proportional  to  a  TV.  and  one  differential  bellows  producing 
a  force  proportional  to  ?i‘:7  -  Pg.  A  change  in  either  pressure 
causes  beam  unbalance.  The  unbalance  is  detected  by  a  twe -phase 
servo  system  which  functions  to  restore  beam  balance.  The  bellows 
are  held  essentially  at  constant  length,  which  avoids  the  large 
hysteresis  n-rmally  associated  with  deflecting  plates  and  diaphragms . 
The  instrument  is  completely  enclosed  in  a  sealed  case, 

6.5.2  i  Electron ic  Censors 

Ar.  important  aspect  of  electronic  control  is  sensing,  limilar  tc 
hydr  •—mechanical  techn  -logy,  the  techniques  of  control  have  been 
highly  developed,  but  packaging  and  sensors  continue  to  receive 
development  attention.  Two  new  types  of  sens-rs  which  are  undergoing 
development  ir.vestigati'n  are  shown  ir.  Figures  6  -  16  and  6-1?. 
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ii-*;  -j  -  Lo  shows  a  stretched  diaphragm  type  of  sensor.  This  is 
■a  capacitive  type  transducer  in  which  capacitance  is  a  function  of 
the  Load  ■!’.  th'i  diaphragm,  or  on  diaphragm  displacement  and  air  gap. 

V  mv-linearities  in  diaphragm  displacetaent  are  minimized  by  preloading 
the  diaphragm  t  a  high  stress  level.  Since  the  per  cent  change  in 
t  t,-.l  load  with  changes  ir.  pressure  is  very  small,  the  effect  of 
err  r  is  also  small.  This  type  of  sensing  device  shows  promise  from 
the  standpoint  of  hysteresis,  linearity,  and  temperature  sensitivity, 
hr1.'!  material  changes  ir.  the  basic  scheme  shown  also  indicate  promise. 

"he  ceramic  plates  nay  be  replaced  with  quartz  as  it  also  exhibits 
dimensional  st.-fility  with  changes  in  temperature  and  stress.  Thoughts 
arr  uls  •  'cion  given  to  the  use  of  crystalline  diaphragm  such  as 
silica,  r  '  qur.rtz  or  sapphire. 

■'Lrurc  6  -  1.7  shows  another  promising  type  of  pressure  transducer. 

Tils  device  is  made  up  of  two-  concentric  quartz  cylinders  with  metallized 
c -atin-.  It  also  is  a  capacitive  type  transducer  arid  premises  improve- 
-.r  t  in  sensitivity  to  temperature  and  vibration.  These  are  only  two 
*>:'  a  lar-’-c  vnrf  t-r  of  ex -tic  sensors  currently  being  investigated. 

I. X-  ’•"l .■‘■•■spll  Tiers 

Vuspite  a  currortiy  limited  technology,-,  the  application  of  pure  fluid 
a-p' 1 Tiers  t *  advanced  air  inlet  control  concepts  are  anticipated, 
hr.;  fluid  r amplifiers,  as  the  name  implies,  are  devices  which  control 
to-.  flow  of  a  fluid  medium,  cither  gaseous  or  liquid,  much  in  the 
ca:  v  way  that  vacuum  tubes  and  transistors  control  electron  flow. 

I'i-nre  6  -  If  shows  tv;-  typical  configurations  for  pure  fluid  amplifiers. 

"asicall;*,  tv  fpes  -'f  pure  fluid  amplifiers  exist.  One,  the  bi- 
s ’  ■  emu  cot  is  dependent  upon  the  tendency  of  a  fluid  flow  stream 

*  •  •  stach  itself  to  a  wall  (the  C0A3A  effect).  In  the  sketch  shown, 

•  '  ou  stream  :'r  m  the  power  nozzle  will  attach  itself  to  the  wall 
ol  one  output  arm  and  will  remain  in  that  condition  until  a  control 
l  -.put  pressure  signal  is  pr  -vided  to  break,  the  attachment  and  divert 
vv.  fiovr  t  the  opposite  arm  where  the  stream  becomes  attached  to 
that  wall,  '".'.is  type  of  digital  element  is  obviously  equivalent  to 

-  flip-flop''  electronic  circuit  and  is  applicable  to  logical. 

'•  term all”  biased  bistable  elements  can  also  be  used  as  "and/or" 

~",.c3.  To.  the  "and"  gate  pure  fluid  device,  the  flow  stream  remains 
at*  acted  t  toe  wall  of  the  ''no  output"  arm  and  will  remain  in  this 
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state  until  input  pressure  signals  are  present  at  all  the  control 
input  ports,  'n  a  similar  nanner,  the  ''or"  element  is  biased  so 
that  the  flow  stream  is  diverted  to  the  output  arm  when  a  pressure 
signal  is  present  at  an;'  one  or  more  of  the  input  p-rts. 

The  second  t;T?e  of  pure  fluid  amplifier  is  the  proportional  or  analog 
fluidic  element  in  which  the  flow  stream  is  prevented  from  attach!  np 
itself  t~  a  w  ->y  the  presence  of  wall  vents.  In  this  device  trv. 
flow  stream  is  r  erted  proportionally  to  the  two  output  legs  by  the 
press'ure  differential  at  the  two  control  ports.  This  device  is 
equivalent  to  a  proportional  electronic  amplifier. 

It  this  tine,  bistable  elements  are  sufficiently  well  developed  tc 
be  opplied  to  logic  circuitry  and  are  incorporated  in  a  few  commercial 
control  applications,  including  a  shock  position  sensor  being 
developed  by  Minneapolis  -  Honeywell. 

figure  6  -  19  is  a  pure  fluid  proportional  element  used  to  produce 
an  output  &F  proportional  tc  the  ratio  of  two  input  pressures.  This 
device,  at  a  fixed  pressure  level,  has  an  output  characteristic  as 
si  u-n,  but  requires  the  addition  of  successive  stages  for  pressure 
level  compensation. 

The  pure  fluid  pressure  ratio  sensor  could  be  applied  tc  a  simple 
air  inlet  control  loop,  providing  acceptable  threshold  levels  can 
be  attained, 

,6  ~i  erv  -  Valve 

This  portion  will  discuss  hydraulic  servo-valves  only. 


A  hydraulic  servo-mechanism  is  a  closed  loop  system  containing  a 
c  ntroii.lcr  (Tervo-’Talve)  and  a  feedback  element  or  elements  lead 
( actuator) . 


The  sorv  valve  varies  the  rate  as  well  as  the  direction  of  flow  of 
fluid  to  an  actuator  by  metering  the  hydraulic  fluid  through  controlled 
arif ices.  There  are  three  t;p>es  of  hydraulic  servo -valves,  a  seating 
a  sliding,  and  a  jet  pipe  type. 

In  the  seating  'r  poppet  type  of  servo  valve,  the  control  member 
moves  in  the  same  directi  -r.  as  the  static  pressure  force  which  is 
acting  or.  the  member.  In  other  words,  the  fluid  and  the  control 
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member  r..  vo  ir.  the  sane  direction.  The  principal  disadvantages  of 
this  arrangement  are  that  large  forces  are  required  to  nave  the 
control  member  when  arvthing  hut  vero-  snail  flows  are  ccntrol-Led, 
and  that  the  t'tal  valve  notion  must  be  within  the  clearance  between 
the  c '.".trolling  nenber  and  the  seats.  J.f  additional  clearance  is 
used,  a  high  quiescent  leakage  results. 

The  two  principal  advantages  of  the  seating-  or  poppet-type  valves 
are  that,  in  general,  they  are  simpler  devices  than  the  slide  type, 
and  that  they  car.  be  built  with  considerably  less  stiction  on  the 
c  rtroilir.r  nenber.  Trie  principal  use  cf  the  seating-type  valve, 

•'or  serv ’-valves,  is  in  pilot  stages,  like  the  flapper  valve  commonly 
used  ir.  the  first  stage  -f  the  hydraulic  amplifier. 

The  sliding  t.,rpo  of  serv:  valve  employs  a  controlling  member  that 
n  ves  ir.  a  direction  perpendicular  to  the  static  pressure  force,  or 
perpendicular  to  the  flow  of  fluid.  The  sliding-type  valve  has 
c  ".'.older abl”  less  leakage  than  the  seating-type  and  can  be  built 
with.  much,  richer  power  gains.  Of  course,  stiction  forces  are  greater, 
and  slice  valves  can  be  n'rc  easily  jammed  by  dirt  and  impurities. 

There  an  many  varieties  slide  vaaves,  such  as  spool  types  and 
flat  plates,  ’which,  cither  slide  or  rotate,  but  the  sliding  sped  is 
the  -.  •  st  c  unnonly  used  for  AIC  ’. 

.’.  'ct-pipo  '.'alvfi  consists  of  a  male  ar.d  a  receiver  block.  The 
nozzle,  or  ‘et  pipe,  is  arranged  ,  n  a  pivot  so  that  it  may  b“  dis¬ 
placed  ;’r  uc  a  neutral  p  siticn,  as  shown  in  Figure  6  -  26(a).  The 
-oc  pipe  serves  t-  convert  pressure  energy  into  the  kinetic  energy 
f  a  ;ot  and  direct  this  jet  toward  two  receiver  holes  in  the  receiver 
'•loci:,  "her.  the  jet  of  oil  strikes  the  flat  receiver  block,  its 
kinetic  energy  is  recovered  in  the  f'rn  of  pressure.  If  the  stream 
is  directed  exactly  halfway  between  the  receiver  holes,  the  pressure 
ir.  the  tv;  b.ole3  will  be  equal;  the  uifferential  pressure,  therefore, 
is  i’jr  ,  As  the  :et  pipe  is  deflected,  more  oil  will  be  directed  at 
-re  hole  than  the  ■'ther,  raising  the  pressure  ir.  that  hole  and 
decreasin'’  the  pressure  or.  the  other,  and  thus  creating  a  differential- 
pressure  -ut put. 
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Figure  6-25  shows  the  idealised  pressure-flow  curves,  or  character¬ 
istic  curves,  of  a  servo  valve  plotted  from  Equation  (6.1).  These 
curves  are  analogous  to  the  torque  speed  curves  of  an  electric  motor 
or  to  the  characteristic  plate  curves  of  a  vacuum  tube.  For  different 
values  of  x  there  are  different  curves;  they  are  all  parabolas 
which  pass  through  the  points  where  Pl  =  ?s  in  either  direction.  Above 
the  Q  =  0  line  the  flow  is  through  the  other  aet. 

6.6.1  Output  Power  of  Eervo  Valve 

In  a  valve-controlled  system,  part  of  the  power  i3  sacrificed  for  the 
privilege  of  maintaining  precise  control.  This  can  be  demonstrates 
by  calculating  the  maximum  output  power  which  can  be  passed  through 
the  valve.  The  power  output  is  flow  multiplied  by  load  pressure  drop. 


H  =  PL  x  Q 


h  =  pl  x  czx^  ps  -  Pl 

To  maximize, 

§L  =  Czx  [VPs'-  ?L  -  PL  x  i  x  (Ps 

(ps  -  pl)*  ^  (ps  -  pl)"3 

PS-PL^ 


ar.d 


ps 

or  PL 
whsrs 


pl 


2H 


2/3  Pg  when  H  is  maximum 


'"iL  =  flow  through  load 

r 

Cz  —  valve  constant 
x  =  displacement  'f  control  element 
?s  -=  supply  pressure 

—  pressure  drop  across  load  piston 


(6.1) 
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Thus,  the  maximum- area  rectangle  which  will  fit  under  each  curve  has 
Pl  =  2/3  Ps.  Usual  design  practice  Is  to  establish  the  maximum 
required  actuator  load  and  velocity,  then  to  use  a  piston  area  such 
that  this  load  can  he  carried  with  PL  **  2/3  Ps ,  and  provide  for 
sufficient  flew  to  move  the  piston  at  the  desired  velocity.  Figure 
6-25.  This,  of  course,  is  done  only  in  the  interest  of  obtaining 
optimum  efficiency  as  far  as  the  use  of  hydraulic  power  is  concerned. 
There  may  be  other  sets  of  conditions  which  would  call  for  other  methods 
of  fitting  the  power-available  curves  to  the  power-required  conditions. 

6.1.1  Twc-Stage  Hydraulic  Servo  Valves 

Most  two-stage  electro-hydraulic  se.rvo  valves  use  a  nozzle  flapper 
valve  for  the  first,  or  primary,  stage,  and  it  is  well  suited  for 
such  use.  It  has  an  extremely  lightweight  moving  element,  requiring 
only  very  small  magnetic  forces;  therefore,  less  electrical  input 
power  is  required  fot  any  given  response  characteristic.  The  nozzle 
flapper  valve  can  be  used  as  a  pressure  (force)  controller  with  a 
spring-loaded  spool  as  a  second  stage.  Used  in  this  fashion  it  is 
not  an  integrator;  thus,  the  valve  can  be  used  open-loop.  It  has 
comparatively  high  neutral  leakage, but  since  the  first  stage  need 
not  be  large,  its  flow  consumption  may  be  held  within  1  to  10  per  cent 
of  the  total  flow  across  the  power  spool.  This  arrangement  makes  it 
possible  to  build  valves  up  to  15  horsepower  in  capacity  with  inputs 
of  as  little  as  10  mw  into  the  torque  motor,  and  with  outputs  of  up 
to  20  gpm  with  time  constants  of  3  to  5  msec.  A  two-stage  valve  of 
this  type  is  practically  insensitive  to  accelerations  and  vibrations 
because  the  forces  available  to  drive  the  spool  are  many  times  greater 
than  the  weight  of  the  spool  itself. 

Figure  6-26  shows  a  typical  two-stage  valve  of  the  open-loop  type. 

The  first  stage  has  a  calibrated  pressure  output  which  is  applied  to 
a  spring-loaded  second-stage  spool. 

Another  type  of  two-stage  electro-hydraulic  valve,  one  with  a  flapper 
pilot  stage,  is  shown  in  Figure  6-27,  This  valve  has  a  mechanical 
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feedback  fr cm  ihe  spool  of  the  power  stage  tc  the  flapper  of  the 
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the  power-stage  spool  is  used  as  the  first  stage.  Supply  pressure 
is  applied  t  ■  half  the  area  of  the  other  end  of  the  spool,  and  the 
remaining  balancing  force  is  developed  in  the  feedback  spring. 

This  spring  .» opiiss  t,hs  feedback  force  to  t-ho  flapper 4  The  spool 
will  always  move  in  such  a  manner  as  to  keep  the  control  pressure 
(inside  the  nozzle  and  -->n  the  full  area  of  the  end  of  the  spool) 
at  one-half  the  supply  pressure.  This  creates  a  displacement  cf 
the  spool  which  corresponds  to  the  flapper  position,  greatly  magnified. 


Figure  6-28  illustrates  a  valve  which  also  has  feedback  around 
the  first  stage.  A  four-way  flapper  valve  is  used  for  the  first 
stage.  The  flapper  is  extended  in  the  form  of  a  leaf  spring,  the 
end  of  which  fits  into  a  groove  in  the  spool.  As  the  sped  moves, 
it  ceflects  this  spring  and  applies  a  force  upon  the  flapper  to 
bring  the  pressure  back  to  neutral. 


Figure  6-29  shows  a  more  recent  valve  in  which  a  jet-pipe  valve 
is  employed  for  the  first  stage  and  a  special  feedback  spring  connects 
the  p.'v/er  spool  with  the  first-stage  armature. 


Force  feedback,  as  used  in  the  last  three  valves  described  above, 
causes  the  spool  to  follow  the  first-stage  armature  position.  Force 
feedback  makes  possible  extremely  high  first-stage  gains;  thus,  the 
valve  is  less  susceptible  to  spool  friction  induced  by  contamination. 
It  can  also  assist  the  making  cf  a  valve  with  good  linearity. 


6 . 7  Actuators 


The  preliminary  design  of  actuators  is  discussed  in  this  section. 

The  data  represents  an  actuator,  consisting  of  an  aluminum  body  and 
a  steel  piston  and  piston  rods  with  normal  operating  pressure  of 
3,000  psi.  The  maximum  pressure  that  these  units  can  withstand  are 

7.500  psi, 2i  times  the  operating  pressure  per  Mil  H  5440  bursting 
pressure.  That  is  the  material  can  have  permanent  deformation  but 
the  actuator  will  still  hold  pressure.  The  unit  must-  also  withstand 

4. 500  psi  surge  pressure  with  no  permanent  deformation. 
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6.7.1  Design  Considerations 

The  following  assumptions  for  this  preliminary  design  and  weight 
estimation  are  as  follows: 

(a)  The  piston  rod  diameter  is  \  the  bore  diameter. 

(b)  The  hinge  moment  is  maximum  at  the  midpoint  of  the  stroke 
and  equal  at  the  retracted  extended  positions, 

Correction  for  configurations  other  than  in  (b)  above  may  be  made  by 
selecting  a  larger  deflection  angle. 

Design  Formulae 

See  Figure  6-30  for  Actuator  Geometry  and  Legend 


Fore  Design 

(1)  Tandem  Actuator  (2  hydraulic  systems) 


A  -  —  (d2  -  dj2)  x  2 
U 

A  =  4-  (q2  -  x  2 

4  if 


:1T 


A 


a  _  6  TT  _ _ 

2 


d  =  J~K  for  P  =  3,000  psi 

.  L 


3ee  c’urves.  Figure  6-31 

(2)  Parallel  -  Tingle  Tod  Find  Actuator  (2  hydraulic  systems) 

.  .  2*d2  _  M 

“  ~  k - K£T± 


d  =  ^ 


Y~  for  P  =  .3,000  psi 
Tec  curves.  Figure  6-32 
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(3)  Oingic  Rod  Tjid  Actuator  (1  system) 

A  =  ji£  =  — H - 

k  P^COS  $ 

2 

d  =  for  P  -  3,000  psi 

U  COS  j;  L 
2 

See  curves,  Figure  6-33 

Stroke  Determination 

S  =  2L  sin  ^ 

2 

See  curves,  Figure  6-34 
6.7.2  'height-  Formulae  and  Curves 

(1)  Plain,  Single  Rod  Pnd  Actuator 

A  formula  obtained  from  Reference  8  was  used  to  plot  the  curves 
show* i  on  Figure  6  -  35.  This  formulae  is  for  a  plain  aluminum 
alloy  cylinder  and  a  steel  rod.  ho  valve  is  included  in  this 
weight .  Rod  dia.  =  4  bore  dia. 

The  formula  follows: 

’!  =  2.61  x  lO^d^F  +  (.00023)  d^p^  1 20 .000  p\ 

\20,000  -  P  J 

-r  2.31  x  10'V'd3  (  20.000  -_g_\  4  ,  „  „  ? 

[ "20,000  +  p  <  +  .02A«d"  m  ,vjy2Q  ' 

-  ,0l22d3  +  (.02633  -  .0305)d2  +  .8  x  10~9  dA?2 

+  f.012d?  +  (.07353  -  .0AA7)d2]  _2P _ 

L  20,000  -  F 

+  ,0036d^+  .0/*36d2  +  ,1097d  m  .OA^R 
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where: 


W  =  weight f  lbs, 
d  =  bore  dia.,  inches 
3  =  stroke,  inches 
P  =  pure,  psi 

For  P  =  3,000  psi  the  formula  becomes  Vi  —  .0478  +  ,1097d 
+  (.208  +  .054S)d2  +  .2^5d?+  .0072d4 

See  curves,  Figure  6  -  35. 

(1)  Dual  System  Actuator  and  Valve 

The  A3J  longitudinal,  directional  and  lateral  actuators  wore  used 
to  arrive  at  the  curves  shown  in  Figure  6-36  Corrections  for 
various  strokes  were  made  by  calculations  of  the  weight  change  for 
various  lengths. 


6.7.3 


Data  required: 


Hinge  moment,  M,  in.  lbs.  (max.) 

Deflection  of  Surface  or  component,  0,  degrees  (max.) 
lever  arm  length,  L,  inches 

1.  Using  lever  arm  length,  L,  and  deflection  angle,  0,  determine 
actuator  stroke  from  Figure  6  -  34. 


2  f  i  1  at  ■£, Jn  o  a  £?v*grp  pnt  — *  ri  h  to  rre*  rt  pn  rjv  J„5VST* 

arm” . L  ' 


3.  Select  type  of  actuator  to  be  used,  i.e.,  balanced  dual  tandem, 
or  single  rod  end,  dual,  parallel,  or  single  rod  end,  single 
system. 

4.  IJsinp  the  curves  Figures  6-31,  6-32  and  6-33,  for  the  type 
of  actuator  selected  determine  the  bore  diameter  from  the  force 

on+  nnH  Hofl  on  Ef"l 

-v*.v  «**'*  —"o - - 
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5.  Using  curves  Figure  6-35  or  6  -  36  determine  weight  of  actuator 
from  the  bore  and  stroke. 

4  {}  V  J  _» „ 

Linkages  are  utilized  as  the  connectors  between  the  surfaces  to  be 
controlled  and  the  controlling  mechanism.  In  the  AI.CS  system 
they  are  the  connecting  link  between  the  system,  generally  actuators, 
and  servo  valves  and  the  moveable  ramps  or  spikes  and  doors  or  range 
for  the  throat  and  bv-pass  functions,  respectively.  These  linkages 
are  divided  up  into  two  categories:  one  is  the  power  linkage  and 
the  others  are  follow  up  or  control  linkages. 

6.3.1  Power  Linkages 

All  power  linkages  distribute  the  load  of  the  actuators  to  various 
points  or  point  on  the  moveable  unit  (ramp,  spike,  door  or  ring) . 

If  the  load  is  low  or  the  surface  is  rigid,  then  only  a  few  points 
are  required  to  distribute  the  load.  However,  if  the  surface  is 
flexible,  several  points  are  required  tc  distribute  the  load.  The 
trade-off  here  is  the  number  of  attach  points  versus  the  rigidity 
of  the  moving  surface. .i.e.  several  attach  points,  which  is  com¬ 
plexity,  for  a  light  weight  but  flexible  surface;  or  few  attach 
points,  which  are  simple  for  a  rigid,  heavy  surface. 

Figure  6-8  shews  this  linkage  in  schematic  form. 

6.8.2  Follow-up  Linkage 

All  follow-up  linkages  are  designed  to  transmit  position  only,  and 
generally  null  out  some  balancing  mechanism.  Therefore,  they  are 
lightly  loaded  and  rigid  enough  to  withstand  the  ambient  vibrator;.' 
loads.  The  mechanical  follow  up  linkages  are  generally  push  pull 
r  ds  or  teleflex  (flexible  shaft)  cable. 

The  systems  als  ■>  utilize  an  electrical  follow-up  also.  These  are 
in  the  form  of  a  potentiometer,  some  are  linear  and  some  are  rotary 

The  location  of  this  follow-up  mechanism  in  the  vehicle  is  extremely 
important.  It  is  desirable  to  have  short  runs  for  accuracy  of  the 
mechanism  itself  with  a  minimum  number  of  joints  and  minimum 
structural  feed  back. 

It  is  als.  desirable  to  locate  it  directly  on  the  surface  that  the 
system  is  controlling  and  at  a  position  than  has  minimum  deflection 
under  load. 
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6. 9  Error  Analysis 

An  error  analysis  must  be  related  to  a  specific  propulsion  system 
so  the  errors  can  be  evaluated  in  terms  ot  aircraft  performance.  When 
comparing  more  than  one  type  system  for  the  specific  propulsion 
system,  performance  gains  of  one  system  over  another  must  be  traded 
against  such  factors  as  weight,  reliability,  maintainability,  cost, 
etc.,  to  best  satisfy  total  weapon  system  requirements.  Therefore, 
the  inlet  control  system  selected  for  a  vehicle  with  a  specific 
propulsion  system  may  differ  considerably  from  another  vehicle 
with  a  similar  propulsion  tystem  (same  engine)  but  a  different  inlet 
control  system. 

One  vehicle  may  have  open  loop  throat  and  bypass  control  and  a 
competing  vehicle  may  utilize  an  open  loop  for  the  throat  control 
and  closed  loop  for  the  bypass  control.  Still  a  third  competing 
vehicle  may  utilize  closed  loop  control  for  both  the  throat  and 
bypass  control. 

As  a  result  of  these  variations  discussed  above,  a  critical  evaluation 
must  be  accomplished  by  the  weapons  system  evaluators  and  determine 
if  the  inlet  control  and  propulsion  system  selected  for  the  total 
weapons  system  will  perform  as  proposed. 

A  key  factor  in  determining  if  an  inlet  control  system  will  perform 
as  proposed  is  a  detail  error  analysis  of  the  system  with  regards  to 
total  vehicle  propulsion  efficiency  and  duct  spillage  drag  throughout 
the  complete  flight  envelope. 

The  following  paragraphs  will  analyze  an  assumed  inlet  control  system 
and  provide  sample  of  a  simplified  error  analysis  for  a  ramp  system. 

fc . 9 . 1  Control  System  Errors 

Errors  in  the  control  system  can  be  grouped  as  sensor  errors, 
computing  errors,  and  feedback  errors, 

6.9. 1.1  Sensor  Characteristics 


Accurate  sensors  are  prime  requirements  for  accurate  inlet  control. 

The  beam  balance  sensors  shown  schematically  in  Figure  6-13  provide 
about  0.8>.  of  point  accuracy  at  the  lowest  pressure  levels  and  with 
the  most  adverse  environment.  Typical  pressure  range  of  the  local  Mach 
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static  signal  is  0.5  to  20  psia.  At  the  low  pressure  condition  the 
total  error  would  be  0.004  psi  which  is  only  0.02/.  of  full  scale. 
Considering  that  sensor  threshold  is  a  part  of  the  total  error,  one 
can  see  that  the  sensors  arc  precision  instruments  with  accuracies 
comparable  to  some  of  the  best  laboratory  equipment  available. 

Figure  6-37  is  a  graph  Lo  indicate  how  the  percent  error  variation 
of  a  specific  sensor  capability  varies  with  altitude.  This  situation 
applies  because  in  sensing  a  pressure  ratio  at  altitude  the  absolute 
pressures  are  so  low.  In  order  to  achieve  this  accuracy  in  a  force 
balance  sensor,  careful  fctention  is  given  to  every  detail  of  the 
system.  The  pressure  sensing  bellows  must  exhibit  a  linear  force- 
pressure  characteristic  from  0.25  to  35  psia.  These  arc  evaluated 
on  a  specific  deadweight  tester  built  for  this  purpose  using  graduated 
weights  accurate  to  0.01%.  Force  balance  linkage  mechanism  must  be 
rugged  to  withstand  the  environment  of  an  engine  nacelle  but  yet  so 
precise  that  it  must  be  assembled  to  tolerances  less  than  0.0001  inch. 

The  jet  pipe  valve  develops  sufficient  pressure  differential  on  the 
servo  pison  to  start,  it  in  motion  with  only  0.000010  inch  displace¬ 
ment  of  the  input  arm  and  presents  only  a  0.0002  pound  load  on  the 
sensor  linkage  to  accomplish  this.  The  overall  force  amplification 
from  the  jet  pipe  input  arm  to  the  servo  piston  output  is  100,000  to 
1,  The  sensor  assembly  is  mass  balanced  to  better  than  0.0005 
inch-pounds  making  it  insensitive  to  acceleration,  attitude  changes 
and  vibration.  Thermal  effects  are  eliminated  by  a  packaging  concept 
that  creates  equal  heat  flow  paths  to  critical  points  in  the  mechanism 
through  material  with  equal  thermal  resistance. 

6 . 9 . 1 . 2  Computer  Characteristics 

Computer  errors  include  manufacturing  tolerances  on  the  scheduling 
cams  and  minor  control  shifts  or  wear  which  appear  as  null  shifts  in 
the  control  valve.  To  determine  the  result  of  these  errors  in  terms 
of  ramp  angle,  the  errors  can  be  transposed  to  increments  of  reference 
ramp  angle  or  actual  ramp  angle.  The  computer  errors  are  as  follows: 

(1)  Scheduling  Cam  -  The  manufacturing  tolerance  on  the  radial  dimension 
of  the  scheduling  cam  is  0.9005  inch.  This  gives  an  error  in  the  ramp 
angle  reference  scheduled  into  the  ramp  position  control.  Although  it 

is  desirable  to  use  large  cams  to  minimize  the  errors  contributed  by 
manufacturing  tolerances,  compromises  in  cam  size  are  necessary.  The 
cam  rise  (change  in  radial  dimension)  determines  linkage  travel  which  in 
turn  sets  linkage  lengths  to  avoid  serious  non-linearities.  Linkage 
stiffness  is  affected  by  the  loads  and  lengths.  Cam  rise  thus  has  a  signi¬ 
ficant  effect  on  the  weight  and  size  of  the  control  unit.  A  quarter  of 
an  inch  (0.25  in.)  cam  rise  is  usually  a  reasonable  compromise  between 
control  weight  and  accuracy. 

(2)  Control  Shifts  -  Minor  shifts  in  the  computing  linkage,  control 
valve,  or  control  housing  can  occur  from  wear,  temperature  expansion, 
erosion,  and  other  sources.  These  can  be  combined  and  considered  as 
a  shift  in  the  null  point  of  the  control  valve.  A  reasonable  assign¬ 
ment  of  error  to  these  sources  is  0.0002  inch  of  null  shift. 
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6 , 9 . 1 .  3  Feedback  Characteristics 

Backlash  in  the  mechanical  transmission  of  ramp  position  to  the 
control  unit  is  directly  related  to  error  in  ramp  position.  Typical 
values  for  this  backlash  is  equivalent  to  0.050  inch  of  actuator 
position. 

6.9.2  Semple  Error  Analysis 

The  following  paragraphs  describe  a  ramp  system,  other  systems  are 
similar . 


6. 9. 2.1  Local  Mach  Sensor  Error 


The  sensing  error  is,  in  general,  related  to  the  inverse  of  sensed 
static  pressure  level.  Hence,  the  higher  the  static  pressure,  the 
lower  the  error.  Under  conditions  of  typical  maximum  speed  at  high 
altitude,  total  errors  experienced  with  the  present  state-of-the-art 
sensors  are  i  0.8£  of  local  Mach  pressure  ratio  (a  PrLH/PrLM).  The 
resultant  error  in  ramp  position  depends  on  the  slope  of  the  ramp 
schedule  with  K  -number,  the  higher  the  slope  the  larger  the  signal. 

A02  “  (local  Mach  sensing  error)  (slope  of  ramp  schedule) 

A02  »  (A  PrLM/PrLM  x  PrLM)  (302/3pRLM> 

Sample  Calculations 

The  local  Mach  static  pressure  (PgLM)  is  0.5  psia  and  the  total 
pressure  (PiLM)  is  2.70  psia.  The  error  in  ramp  angle  (9)  con¬ 
tributed  by  the  local  Mach  sensor  is  the  error  in  reference  ramp 
angle  scheduled  into  the  computer  and  2  degrees/local  Mach  pressure 
ratio. 


A92  -  (0.008  x  5.9  units)  (2°S2/unit  FpLM) 

A02  =  (0.0432  units)  (2°/unit)  *  0.086° 

6 . 9 .  2 . 2  Scheduling,  Cam  Error 

Utilizing  manufacturing  data  described  in  paragraph  6.9. 1.2  (1)  the 
scheduling  cam  error  is  as  follows: 

A02  c  (  A  cam  radius)  (cam  rise) 

">2  '  <‘V  [  I 
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A6^i  “  (0.0005  inch  radius) 


60°  62  ' 
inch  radius 


0.03° 


f.  Q  1  0  CUU»-t 
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Utilizing  data  described  in  paragraph  6.9. 1.2  (2)  the  control  shift 
error  is  as  follows: 


In  terms  of  reference  ramp  angle  the  0.0002  inch  shift  must  bt 
reflected  back  to  an  equivalent  cahnge  in  cam  radius  and  thus  a 
given  error  is  scheduled  ramp  position. 


A62  “  (a  valve  position - (cam  rise) 

forward  linkage  gain 


&6 2  “(0.0002  inch  valve) 


11,28  inch  valve  _ j 

\  inch  (..ao  radius  / 


60°6  2 _ 

in^h  cam  radius  , 


0.0094° 


This  same  error  could  have  bee-  reflected  to  actual  ramp  angle 
through  the  forward  control  pa  u.  Displacement  of  the  ramp  control 
valve  transmits  hydraulic  pressure  and  flow  to  the  ramp  actuator.  The 
actuator  moves  in  response  to  the  loads  applied  and  the  flow  available. 

In  the  dynamic  sense  it  is  an  integrator  that  moves  until  the  input 
error  to  the  control  valve  is  reduced  to  zero.  Actuator  position  is 
fed  back  to  the  control  valve  so  that  displacement  of  the  actuator  gives 
a  proportional  displacement  of  the  control  valve  in  the  direction  to 
renull  the  valve.  Output  position  of  the  actuator  is  thus  proportional 
to  the  valve  position.  Ramp  angle  is  related  to  actuator  position  through 
the  kinematics  of  the  connecting  linkage  and  ramp  mechanism.  The  follow¬ 
ing  calculation  uses  typical  values  fot  component  relationships: 

A62  -  (A  valve  position)  (fTedb^J.  uStaieliin )  (ramp  linkf,6e  8a*n> 


A02  (A  Xnw; 


)Xrv/3xrfb 


^XRFB' 3XRA 


ample  Calculations  , 

- j  x  1  \ 

A  a?  =  (n  nniv;  tnrhV  ■; — : — ; - r~  x  - — - ■ - I 

. —'I  r.o  rn.cn.J/arye^  0.03  Inch  feedback  | 

\  in  feedback  ~  T  I  I 

1  inch  actuator  i 

2.12°  62  1 
inch  actuator J 

A82  »  0.0094°  just  as  shown  with  this  error  reflected  to  the  reference 
ramp  position 
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6.9. 2.4  Feedback  Error 


Utilizing  data  described  in  paragraph  6.9. 1.3  of  0.050  inch  of 
actuator  position,  the  feedback  error  is  as  follows: 


A02  = 
A02  = 


(equivalent  AXra) 


(AxRA) 


302 

3xRA 


, 


(ramp  linkage  gain) 


Sample  Calculation 

A02  -  (0.050  inch  actuator) 


inch  actuator/ 


0.106° 


Summary  of  Ramp  Control  Errors  -  The  overall  accuracy  to  be  experienced 
with  this  equipment  is  a  statistical  summary  of  the  contributing  parts. 
Good  correlation  has  been  achieved  using  the  square  root  of  the  sum  of 
the  squares.  Applying  this  formula  to  the  ramp  control  errors  yields 
the  following: 


A02  total  =  V I (component  eriors)2 


A92  total  =  V (0.086) 2  +  (0.03)2  +  (0.0094)2  +  (0.106)2 


A02  total  =  0. 14° 


6.9.3  Vehicle  Impact 


The  hypothetical  control  system  analyzed  will  weight  about  70  pounds  per 
inlet.  The  trade-off  between  weight  and  performance  is  dependent  on  the 
vehicle  mission.  However,  if  we  assume  80,000  pound  vehicle  with  two 
inlets  with  20,000  pounds  of  fuel  aboard,  end  a  SFC  inlet  pressure 
recovery  ratio  of  1  to  1.8,  then  an  increase  of  1%  in  pressure  recovery 
can  be  evaluated  as  follows: 


0.018  x  20,000  =  360  pounds  of  fuel 

plus  vehicle  growth  reduction  of  25%  when  fuel  is  involved 

equals  360  x  1.25  =  450  pounds 

for  this  vehicle  1%  inlet  pressure  recovery  is  equivalent  to 
a  reduction  in  Take-Off-Gross  Weight  of  450  pounds. 

Now  assume  this  inlet  control  system  makes  an  improvement  of 4%  in  inlet 
pressure  recovery  over  a  fixed  inlet.  Then  the  reduction  in  T.O.G.W. 
will  be  as  follows: 

(450  x  4%/  -  (70  x  2)  =  1800  -  140 

=»  1660  lbs. 
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When  evaluating  competing  inlet  control  systems,  then  of  course  the 
inlet  pressure  recovery  ratio  remains  the  same  for  all  systems;  but 
this  ability  to  provide  delta  inlet  pressure  recovery  and  their 
corresponding  weight  are  the  determining  factors. 

6. 9. A  Type  III  Characteristics  (Mach  2.5  and  above) 

Figure  6-38  indicates  maximum  pressure  ratio  error  of  the  local  Mach 
sensor  over  the  flight  envelope.  This  curve  indicates  the  largest 
error  at  approximately  Mach  2.0. 

Figure  6-39  indicates  sensor  Mach  error  vs  airplane  Mach  number.  This 
curve  indicates  that  the  concorde  has  a  higher  tolerance.  Mach  number 
than  most  existing  air  data  computers. 

Figure  6-AO  shows  the  variation  of  the  shock  position  signal  with  inlet 
pressure  recovery  for  a  typical  Mach  2.5  and  above  aircraft 

Figure  6-41  and  6-42  are  cross  plots  of  typical  type  III  data.  These 
curves  indicate  pressure  recovery  error  and  sensor  full  scale  accuracy 
versus  signal  pressure  ratio  errors  for  a  typical  sensor.  These 
curves  are  applicable  to  an  aerodynamically  closed  loop  system  with  only 
sensor  errors  included. 
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FIGURE  6-1.  COMPARISON  OF  REPRESENTATIVE  INLET  PERFORMANCE 


FIGURE  6-4.  Off -Design  Inlet  Performance 
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FIGURE  6-5  •  Off -Design  Engine  Performance 
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FIGURE  6-10.  Inlet  Control  Concepts 
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FIGURE  6-12.  Signal  with  Poor  Control  Characteristics 
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FIGURE  6-lU.  Force  Vector  -  Pressure  Ratio  Sensor 
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FIQUkis  6-io.  Stretched  Diaphragm  Pressure  Sensor 
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FIGURE  6-17.  Variable  Capacitance  Concentric  Cylinder  Pressure  Sensor 
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FIGURE  6-18.  Pure  Fluid  Amplifiers 
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FIGURE  6-20.  General  Configuration  of  Valve  Ports  Shoving 
Control  Dimensions 


FIGURE  21  INTENTIONALLY  OMITTED 


FIGURE  22  INTENTIONALLY  OMITTED 
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FIGURE  23  INTENTIONALLY  OMITTED 
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FIGURE  6-2b,  Illuatration  of  Jet  Pipe  Valve  Characteristics 
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FIGURE  6-26.  Twc-stago  oiecl rohvJ "vj  -  i :  for vo  valve.  The  first  stage 
is  a  four-way  flapper  valve  with  a  calibrated  pressure 
output,  driving  a  second  stage  spring-loaded  four-way 
spool  valve. 
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ACTUATOR 

FIGURE  6-28.  Two-stage  servo  valve  with  mechanical  feedback.  The  first 
stage  is  a  four-vay  flapper  valve.  The  second  stage  is  e 
four-way  spool  valve.  The  extension  of  the  flapper  into 
a  leaf  spring  acts  as  the  feedback  element. 
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FIGURE  6-: 
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o.  Two-Stage  servo  valve  vith  a  jet-pipe  first  stage  and 
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8 pool  valve  attached  to  the  first-stage  nozsle  by  a 
special  feedback  spring. 
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Actuation  gcoitic  try 


Binge  Moment 
or 

Horsepower 

Available 


Surface  Rate  -  R 
or  Actuator  Flow  Fate  -  Q 


Typical  Perfonnnncc  Curve 
Surface  Control  Actuator 


FIGURE  6-30.  Actuation  Geometry  and  Legend 


Legend : 

System 

L  =  lever  arm,  inches 
M  ■  binge  moment,  in.  lbs. 

0  -  deflection  angle,  degrees 
R  •=  max  surface  rate,  deg/sec 


Actuator 

2 

A  =  actuator  area,  in 
d  =  bore  diameter,  inches 
d^  »  rod  diameter,  inches 
F  ■  force,  lha. 

P  -  hydraulic  pressure,  psi 
Q  «■  flow,  in  #/sec.  or  gpa 
S  -  actuator  stroke,  Indies 
v  ■  piston  velocity,  iu/sec 


Bore  Diaaeter  -  Inchea 


Bore  Diameter  -  Inches 


FIGURE  6-?3 •  Actuator  Bore 
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Lever  Arm  -  L  -  Inches 


FIGURE  6-34.  Actuator  Stroke  Vs  Lever  Arm  and  Deflection 


Pounds 


0 


1 


FIGURE 


2  3k 

Maximum  Bore  Dlaneter  -  Inches 


36.  Weigxts  of  Tandea  or  Parallel  Actuators 
and  Valve  Assemblies 


-  pal  &  $  Detection 


0  XQ  20  3®  **0  50  60 


Altitude  -  1000  rt 

FIGURE  6-37*  Signal  Variations 
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Airplane  Mach  No . ,  K. 

FIGURE  6-38.  Local  Mach  Sensor  -  Pressure  Ratio  Error 


FIGURE  6-39.  Performance  of  Pressure  Ratio  Sensor 


Shock  Position  Signal,  Phs/Pujs 


FIGURE  6-4o.  Bypass  Door  Control  Loop  Pressure  Recovery 

rs.  Signal  Pressure  Ratio 


Press.  Recovery  Error Sensor  Pull  Scale  Error 
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Pressure  Ratio  Error  - 
ACPcj/Ptks) 

FIGURE  6-42.  Centerbody  Control  Loop  -  Sensor  Accuracy 

Requirements 

ROTE:  This  chart  states  that  If  the  requirements  are 

to  maintain  a  0.05J&  pressure  recovery  error,  the 
sensor  full  scale  accuracy  must  be  0.12^  error. 
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ow  Systems  Performance 


7.1.1  Definition  of  Secondary  Airflow 


Secori  ory  air  is  that  quantity  of  air  which  is  taken  onboard  the 
aircraft  either  through  the  engine  inlet,  duct  or  external  sc<*op6, 
passes  between  the  engine  end  the  surrounding  aircraft  structure,  and 
is  either  ducted  through  an  engine  ejector  exhaust  nozzle  or  dumped 
overboard  through  openings  in  the  aircraft  structure. 


7.1.2  Purposes 

Secondary  airflow  serves  several  useful  purposes; 

1.  Engine  and  Accessory  Cooling 

2.  Engine  Inlet  Airflow  Matching 


3.  Improve  Ejector  Exhaust  Nozzle  Performance 


7.2  Engine  Cooling 


7.2.1  Cooling  Configurations 


Practically  all  turbine  engine  installations  utilize  secondary 
airflow  for  cooling  the  engine,  engine  accessories,  and  surrounding 
aircraft  structure.  Figure  7-1  presents  two  typical  cooling  configura¬ 
tions.  Figure  7-1A  represents  the  T2B  installation  which  has  a  fire¬ 
wall  separating  the  hot  sections  from  the  area  of  combustible  fluids. 
For  normal  flight  conditions,  air  which  is  taken  from  the  inlet  duct 
near  the  compressor  face,  flows  through  the  forward  compartment,  and 
is  dumped  overboard.  Air  for  the  aft  compartment  is  taken  aboard 
through  scoops  in  the  side  of  the  fuselage.  It  passes  through  the 
compartment  and  passes  overboard  through  an  ejector  nozzle.  For  ground 
and  very  low  speed  flight  operation,  the  ejector  nozzle  is  capable  of 
pumping  sufficient  quantities  of  cooling  through  the  aft  compartment. 

In  the  forward  compartment  the  Inlet  duct  pressure  is  below  ambient 
and  this  causes  reverse  flow  through  the  compartment.  As  flight 
speed  increases  there  is  null  point  when  the  duct  pressure  equals 
ambient  pressure  and  there  is  no  flow  through  the  compartment.  This 
null  point  is  a  function  of  airspeed  and  power  setting  as  shown  on 
Figure  7-2.  I L  is  usually  a  transient  Condition  and  does  not  cause 
over-temperature  problems.  However,  if  the  null  point  would  occur 
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during  a  loiter  condition,  eithar  che  air  intake  at  the  inlet  duct 
or  the  overboard  dump  could  be  modified  to  change  the  pressure 
balance  and  cause  a  positive  flow  of  cooling  air. 

Figure  7-1B  is  a  flow-through  type  installation  employed  in  the  RA-5C, 

Air  is  taken  from  the  inlet  at  the  compressor  face  through  a  modulated 
3*p.  The  air  flows  through  the  engine  compartment  and  i.  is  utilized 
in  the  ejector  nozzle.  For  ground  and  low  speed  operation,  the  ground 
cooling  door  is  opened  and  air  enters  the  compartment,  divides,  with  part 
of  it  flowing  forward  through  the  gap  and  into  the  inlet  duct.  The 
remainder  flows  aft  through  the  ejector  nozzle.  It  is  theoretically 
possible  for  a  null  point  to  occur  in  the  forward  portion  of  the  engine 
compartment  with  this  installation,  but  no  cooling  problem  has  ever  been 
discovered.  The  only  over- temperature  problem  that  has  been  encountered 
is  when  the  engine  bleed  duct  leaked. 

These  are  only  two  configurations.  There  are  no  doubt  many  variations 
of  these  two  installations  plus  completely  different  configurations. 

Methods  for  calculating  the  quantity  of  secondary  airflow  will  be 
presented  in  subsection  7.5  that  should  be  applicable  to  many  configura¬ 
tions. 

7.2.2  Structural  Temperatures 

The  quantity  of  cooling  air  required  to  cool  the  engine  is  generally 
less  than  that  required  to  cool  the  aurrounding  aircraft  structure. 

If  the  structure  is  cooled,  the  engine  will  be  sufficiently  cooled. 

For  any  particular  flight  condition  the  structural  temperatures  will 
be  a  function  of  secondary  airflow  as  shown  on  Figure  7-3.  The  quantity 
of  secondary  airflow  should  be  sufficient  to  operate  at  point  A  on  the 
curve  so  that  variations  in  secondary  airflow  will  have  only  a  slight 
effect  on  structural  temperatures.  If  the  airflow  is  reduced  to  point  B, 
slight  variations  in  airflow  cause  large  changes  in  structural  temperatures. 
It  must  be  remembered  that  the  quantity  of  secondary  airflow  decreases 
with  altitude;  therefore,  the  structural  temperature  will 
increase  with  altitude.  The  three  flight  conditions  that  are  usually 
critical  for  structural  temperatures  are;  1.  Ground  operation,  2.  High 
altitude  cruise,  3.  High  altitude  supersonic  flight. 

7.3  Inlet  Matching 

Supersonic  inlets  are  sized  to  obtain  the  best  performance  at  the  design 
condition.  At  off-design  points  the  inlet  usually  has  excess  flow 
capacity  and  this  additional  capacity  causes  increased  additive  drag. 
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The  additive  drag  can  be  reduced  by  increasing  the  inlet  flow  which 
means  increasing  the  secondary  airflow.  Additional  secondary  airflow 
also  increases  ram  drag.  The  net  effect  My  or  may  not  be  an  increase 
in  thrust. 

Figure  7-4A  presents  a  typical  inlet  duct  operating  line  with  the 
duct  airflow  operating  line  superimposed.  The  duct  airflow  consists 
of  engine  airflow, secondary  airflow,  and  any  other  miscellaneous 
airflow  that  may  be  extracted  from  the  duct.  The  duct  airflow  opera¬ 
ting  line  is  to  the  left  of  the  knee  of  the  inlet  curve  for  off-design 
operation  but  usually  the  optimum  engine  performance  is  obtained  when 
the  duct  airflow  line  is  at  the  knee.  The  duct  airflow  operating  line 
can  be  moved  to  the  right  by  increasing  secondary  airflow.  Utilising 
the  pressure  recovery  where  the  duct  airflow  operating  line  crosses 
the  inlet  duct  operating  line,  the  net  thrust  of  the  engine  can  be 
calculated  by  the  following  equation 

FNe  *  *N  “  DADD 

where 

*  Installed  net  propulsive  effort 

Fn  ■  Installed  net  thrust  Including  the  ram  drag  of  the 
secondary  airflow 

DADD  ■  Additive  Drag 

Figure  7-4B  shows  the  result  of  increasing  secondary  airflow.  Point  A 
has  excessive  additive  drag.  Point  B  is  close  to  optimum.  At  Point  C  and 
D  the  inlet  is  probably  supercritical  and  the  additive  drag  is  constant 
at  Its  minimum  value  hut  the  pressure  recovery  is  decreasing. 

7.4.  Nozzle  Performance 


7.4.1  Effects  of  Secondary  Airflow 

Ejector  nozzles  are  employed  on  turbine  engines  for  two  purposes: 

1.  To  pump  cooling  air  through  the  engine  compartment,  2.  To  provide 
additional  thrust  for  engines  operating  at  high  nozzle  pressure  ratios 
(usually  at  Mach  numbers  greater  than  1.4).  For  subsonic  aircraft 
ejector  nozzles  have  very  little  effect  on  thrust  and  are  only  required  tc 
pump  cooling  air  through  the  engine  compartment.  For  supersonic  aircraft 
the  ejector  not  only  pumps  cooling  air  but  also  increases  the  engine  thrust 
at  low  nozzle  pressure  ratios  by  decreasing  losses  due  to  overexpansion  of 
the  exhaust  gasses. 
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The  sec on Jury  Jlow  effects  the  thrust  of  the  engine  by  controlling 
the  expiiiifa  on  of  the  primary  flow.  This  effect  reflects  itself  in  the 
nozzle  gr-jss  throat  coefficients  as  shown  on  Figure  7-5,  As  secondary 
airflow  Ini'n'hMCH  the  nozzle  gross  thrust  coeiiicient  increases.  As 
the  secondary  airflow  and  the  grosB  thrust  coefficient  increase,  the 
ram  dray,  ■>!  ihr  additional  secondary  airflow  also  increases.  The  net 
of  led  can  l>r  dr  i<- mined  by  plotting  net  thrust  versus  secondary  air*- 
fiuw.  l  or  < omp.-ir  I aon  purposes,  the  effect  o,  secondary  airflow  on  net 
thrust  has  boon  determined  for  two  types  of  convergent-divergent  ejector 
nozzles  employed  on  the  J79  family  of  ergine.  Figure  7-6A  is  a  sketch 
of  the  conical  ejector  on  the  J79-8/-15  and  Figure  7-6B  the  guided 
expansion  nozzle  on  the  J79-10/-17,  Figures  7-7, -8  and-9  presents 
the  effects  of  secondary  airflow  at  35,000  feet  maximum  A/b  at  Mach 
No.  -  0.9,  1.6, 2.0  Results  shew  that  for  the  conical  ejector  an  increase 
in  secondary  airflow  increases  net  thrust  except  at  large  secondary 
airflows  at  Mu  -  2.0.  For  the  guided  expansi.cn  nozzle,  secondary  air¬ 
flow  decreased  net  thrust  slightly  at  Mo  *  1.6  and  2.0.  For  a  more 
detailed  explanation  of  the  differences  between  the  two  nozzles,  please 
refer  to  Figure  7-10  which  presents  the  gross  thrust  coefficients  fer 
both  nozzles.  The  thrust  coefficient  for  the  guided  expansion  nozzle 
is  at  a  higher  level  thar.  the  conical  nozzle  at  zero  secondary  airflow, 
but  the  thrust  increment  for  increasing  secondary  airflow  is  less.  The 
magnitude  cv  the  ram  drag  term  is  greater  than  the  thrust  increment  for 
the  guided  expansion  nozzle  at  the  higher  Mach  numbers.  For  this  same 
reason  the  conical  nozzle  loses  performance  at  high  secondary  airflows  at 
Mo  -  2.0. 


These  art'  only  two  examples  of  ejector  nozzles.  Nozzle  performance  varies 
considerably  with  types  of  nozzle  and  dimensional  relationships  so  that  no 
general  statement  can  be  made  regarding  the  effects  of  secondary  airflow 
or  performance.  Each  type  and  configuration  of  nozzle  must  be  evaluated 
individually.  A  more  complete  descriptica  of  nozzles  is  given  in  Section 
8.  3. 


7.4,2  Engine  Compartment  Pressure 


Increasing  secondary  airflow  increases  gross  thrust  but  it  also 
increases  the  pressure  required  to  pass  the  air  through  the  ejector. 
Figure  7-11  presents  the  required  secondary  airflow  pressure  ratio  across 
the  nozzle  to  pump  a  given  quantity  of  air.  This  secondary  airflow 
pressure  has  a  bursting  effect  upon  the  engine  compartment.  The 
external  pressure  on  the  compartment  may  be  slightly  higher  or  lower  than 
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pressure  between  the  inside  and  outside  skin  of  the  com;  artroe.i.t  will 
be  one  of  tin  design  loads  that  the  compartment  must  withstand.  If  the 
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delta  pressure  becomes  excessive  the  compartment  may  fall,  but  on 
the  other  hand  to  design  the  compartment  to  withstand  all  possible 
pressure  loads  would  require  excessive  weight.  The  engine  compartment 
should  be  designed  to  withstand  the  pressures  for  all  level  flight 
conditions  for  the  mission  requirements  of  the  aircraft.  For  transient 
conditions  such  as  a  throttle  chop  or  a  dive  at  high  speed,  a  pressure 
relief  device  may  be  necessary  to  dump  the  excess  secondary  air  over¬ 
board  in  order  to  maintain  the  engine  compartment  pressures  within  the 
structural  design  limitations . 

Early  in  the  development  of  the  A-5A  aircraft,  a  deBign  study  revealed 
that  under  certain  transient  flight  conditions  the  engine  compartment 
pressures  would  exceed  the  design  pressure  of  the  engine  compartment. 

One  of  these  transient  conditions  was  a  throttle  chop  from  max  A/B  power 
setting  to  military  power  setting  at  the  maximum  Mach  number  guarantee  con¬ 
dition.  another  condition  was  a  high  speed  dive  at  lower  altitudes. 

At  tha  maximum  aircraft  Mach  number,  the  engine  compartment  pressure 
varied  as  the  secondary  airflow  modulated  gap  varied  as  shown  on  Figure  7-12. 
The  engine  compartment  was  designed  for  8  PSID,  so  the  gap  setting  selection 
was  30  in2.  This  setting  was  also  influenced  by  inlet  sizing  conditions 
Figure  7-13  presents  the  engine  compartment  pressure  at  this  max  Mach 
condition  at  the  30  in2  gap  position  for  various  power  settings.  As  the 
throttle  is  retarded  the  pressure  increases  to  a  peak  at  military  power, 
then  decreases  to  a  very  low  value  at  idle.  Also  shown  on  Figure  7-13 
are  the  pressures  at  various  power  settings  during  a  high  speed  dive  at 
lower  altitudes.  For  power  settings  above  80%  RPM  the  engine  compartment 
design  pressure  will  be  exceeded. 

It  was  obvious  that  some  type  of  pressure  relief  system  must  be  incorporated 
in  the  engine  compartment  to  dump  the  excess  air  overboard.  The  first 
consideration  was  blow-out  panels.  However,  once  the  panel  blew  out,  the 
aircraft  performance  would  be  reduced  because  of  the  loss  of  secondary 
airflow  for  the  ejectoi  nozzle  and  second,  the  engine  compartment  probably 
would  over— temperature.  Thin  condition  dictated  that  the  pressure  relief 

mechanism  would  have  to  close  after  the  transient  overpressure  condition 
subsided.  Since  a  throttle  chop  can  occur  very  rapidly  the  pressure  relief 
device  must  also  react  rapidly.  It  was  decided  to  combine  the  pressure 
relief  door  with  the  ground  cooling  door.  For  ground  cooling  operation,  an 
electrical  actuator  opens  and  closes  the  door  in  conjunction  with  the 
operation  of  the  landing  gear.  For  pressure  relief  operation, the  door 
is  held  closed  with  an  overcenter-linked  bungee.  As  the  engine  compartment 
pressure  exceeds  8  PSIlh  the  do  ,r  moves  overcenter  and  the  bungee  opens 
the  door.  As  the  pressure  in  the  compartment  drops  belcw  6  PSID,  the 


electrical  actuator  extends,  grips  the  door,  closes  the  door,  and 
resets  the  bungee.  This  entire  operation  requires  approximately  30 
seconds . 

Flight  test  results  have  shown  excellent  results  with  the  pressure 
relief  door.  The  door  has  opened  as  predicted  during  high  speed  dives 
on  many  occasions.  Tie  steady  state  pressure  In  the  engine  compartment 
have  been  approximately  0.5  psi  lower  than  estimated.  This  is  pro¬ 
bably  due  to  leakage  in  the  engine  compartment. 

This  was  an  example  of  one  type  of  engine  with  one  particular  secondary 
airflow  system.  Other  aircraft  with  different  exhauat  nozzles  may  pose 
other  types  of  overpressure  problems.  The  main  point  to  stress  here  is  to 
evaluate  various  flight  conditions,  both  transient  and  steady  state,  at 
various  power  settings  to  determine  if  an  overpressure  condition  exists. 


7.5  Estimating  Secondary  Airflow  Quantities 

7.5.1  Method  of  Calculation  with  Overboard  Dump 

Airflow  through  a  system  can  be  calculated  if  the  boundary  conditions 
are  known,  such  as  pressure  and  temperature,  and  the  flow  losses  between 
the  two  points.  Airflows  are  calculated  from  the  airflow  parameter  W  v'o" . 

A  fij 

The  airflow  parameter  is  defined  by  this  equation: 


W'f  *'9t  =  (.59316)  (Mach) 

A  U.O  +  0.2  Mach^) (2.993)  ’ 

Wp  *=  theoretical  airflow  -  lb/sec 
©X  11  Tp/518.7  (Total  temperature  - 

o 

A  -  Area  -  In 

<5l  -  Pp/14.696  (Total  pressure  -  lb/in^) 
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The  Mach  number  is  related  to  the  pressure  ratio  by  the  follow¬ 
ing  equation; 

5H  -  (1.0  +  0,2  Mach55)3'5]  y  *  1.1 
F'S 

Ps  =  Static  Pressure 

Tables  of  pressure  ratio  and  airflow  parameter  and  airflow 
parameter  versus  Mach  number  are  presented  in  Appendix  A  and  E, 
respectively. 

In  the  definition  of  the  airflow  parameter,  the  term  Wp  was 
defined  as  the  theoretical  airflow.  To  calculate  the  airflow 
through  an  area  at  given  pressure  and  temperature  conditions, 
the  airflow  is  a  direct  function  of  the  area.  This  will  give 
the  airflow  without  any  regard  to  the  boundary  layer  effects. 

If  the  boundary  layer  effects  are  ignored,  the  calculations  will 
be  the  theoretical  airflow  that  can  flow  through  the  area.  The 
actual  airflow  w)  11  be  less  due  to  the  boundary  layer  effects. 

The  ratio  of  the  actual  flow  to  the  theoretical  flow  is  defined 
as  the  flow  coefficient  (K). 

K  =  jjA 

Wp 

=  Actual  airflow 
Wp  =  Theoretical  airflow 

By  substituting  the,  actual  airflow  for  the  theoretical  airflow 
in  the  aliflow  parameter; 

=  f  (Mach) 

KA  °T 

The  flow  coefficient  (K)  is  usually  determined  by  experimental 
means.  Data  are  available  in  the  literature  for  K  values  for 
orifices,  venturi  tubes,  etc.,  and  for  overboard  dumps  which 
will  be  discussed  iu  detail  in  subsection  7»5»1,  but  for  many 
cases  the  K  factor  must  be  estimated  from  a  similar  configuration 
where  data  are  available  or  a  lab  test  must  be  obtained  to  obtain 
the  K  fact oi S. 
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To  Illustrate  the  method  of  estimating  secondary  airflow,  the 
s Ketch  of  a  secondary  airflow  compartment, aa  shown  on  Figure 
7-ll,wiil  be  analyzed,  'i'he  flow  coefficient  for  the  two  areas 
(Ag  , A i ) )  will  lie  uaSumed  tO  be  1.0  for  this  example.  The  kiiuwu 
boundary  conditions  are  the  compressor  face  total  and  static 
pressure,  Hi"  total  temperature,  the  flow  areas,  and  the  ambient 
pressure  at  the  exit. 

Thor<  are  twc'  unknowns,  the  secondary  niiflov  (Wg)  and  the 
secondary  airflow  compartment  pressure.  This  requires  an 
Iteration  process  to  solve  for  the  two  unknowns.  The  beet 
method  is  to  assume  values  of  and  solve  for  the  airflow 
at.  the  entrance  and  the  exit.  The  airflow  can  be  plotted  versus 
I'p-  and  where  the  two  lines  cross,  both  entrance  and  exit  condi¬ 
tions  will  be  satisfied. 

First,  consider  the  entrance  to  the  compartment.  The  total 
and  static  pressure  must  be  know;  in  the  gap  (Aq)  in  order  to 
calculate  the  airflow.  Unless  experimental  data  are  available, 
PTg  con  be  estimated  by  assuming  that  PTq  equal  the  static 
pressure  in  the  duct  ( Pgg ) .  This  is  a  good  assumption  and 
amounts  to  a  1  q  .loss  in  total  pressure  from  the  duct  to  the 
gap.  The  tern  q  is  the  compressible  dynamic  pressure: 


q  =  Ft  -  I5S 


Assuming  the  velocity  of  the  secondary  airflow  in  the  compartment 
in  such  that  the  total  pressure  in  the  compartment  is  approximately 
equal  to  the  static  pres  sure  Psg,  the  cap  static  pressure  (Psq)  is 
equal  to  the  compartment  pressure  (Pfs) •  This  is  valid  because 
the  stati~  pressure  in  a  duct  with  subsonic  flow  entering  a  plenum 
chamber  must  equal  the  pressure  in  the  plenum  chamber.  By  assuming 
various  values  of  PTg,  the  flow  through  the  gap  can  be  calculated 
by  means  of  the  airflow  parameter  for  each  value  of  PTg»  The 
total  temperature  is  constant,  since  essentially  no  heat  is  added 
or  3.06 t  by  the  secondary  airflow  at  this  point.  For  this  example 
there  will  be  no  loss  in  the  secondary  airflow  compartment  pressure 
from  the  entrance  to  the  exit,  but  if  there  were  any  restrictions 
in  the  passage,  the  pressure  loss  could  be  estimated,  and  the  PTs 
value  reduced  at  the  exit.  At  the  exit  ?Ts  vili  *>«■  the  total  pressure 
(PTp)  and  the  static  pressure  (FSq)  will  be  equal  to  the  ambient  pressure 
(PG)  since  the  air  is  dumping  into  a  "olenum"  chamber.  Exit  airflows 
can  be  calculated  for  various  secondary  compartment  pressures. 


Trie  values  of  airfic.*  for  the  cutiauCc  exit 


7-8 


can  be  plotted  and  the  actual  airflow  determined.  The  follow¬ 
ing  is  a  typical  calculation  of  a  given  f light  condition: 

Mach  =  0.9;  20,000  ft.;  Standard  Pay 

P0  =  6-75  P3ia  PTo  =  11.42  psla  Tty  =  519-9  *R  /©To  =  1-001 
Pressure  Recovery  -  .98  Pr2  =  (-98)(pp0)  =  11.19 
Aq  =  20  in®  Ap  =  JO  in® 

Assume  Mach  number  in  duct  =0.1 
From  isentropic  flow  theory  for  M,juc+  =0.1 


PT2/pS2  =  1.117  Ps2  »  11.19/1.117  =  10.02 

^G  = 

=  %  -  10-02  PSo  - 

F*S 

Assume  then: 

Pi'S 

^G/pSa 

Mg 

wV©~ 

A 

9  psia  10.02/9  =  1.113 

.  -.94 

.213 

8 

10.02/8  =  1.253 

.577 

.282 

7 

10.02/7  -  1.431 

.734 

.320 

WG  =| 

KHtej  U 

] 

Hence: 


PTs  WG 

9  (.213)  (20Hl0.02/ll.7) (l/l.OOl)  =  2.90  lb/sec 
8  (.282) (20) (10.02/11. T) (l/l.OOl)  =  3-84 
T  (.320) (20) (10. OS/ll ,7)(l/l. 00l)  =  4.3b 

At  ube  exit  assume  the  air  temperature  increased  50* 
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ITd 

=  519-9  +  50  =  569.9  V^Td  - 

-  1.048 

518.7 

Pry 

=  Pps  fSd  =  p0  ■  6.75 

Assume  FTP  then: 

*TS 

ft d/psd 

kl 

vd 

A  <5T 

9 

9/6.75  =  1.33“ 

.654 

•  303 

8 

8/6.75  =  1.185 

.498 

.255 

7 

7/6.75  =  1.037 

.2528 

.iyi 

So  l 

ohet; 

PTs 

\ 

9 

8 

( -303)  (30)  (9/l*+  .7)  (USES)  . 
(.?55) (30) (8/11.7)  " 

5.31 

3.97 

7 

(.1311) (30) (7/1^. 7)  " 

1.7  9 

Figure  7-15  presents  a  plot  of 

the  gap  airflow 

and  the 

flow  versus  secondary  airflow  total  pressure.  The  tws  lines 
croon  at  a  secondary  airflow  nf  3-9  lb/see  and  a  pressure  of 
7.98  psia.  At  this  point  the  gap  and  exit  airflow  match  and 
this  will  be  the  secondary  airflow  for  this  particular  flight 
condition  and  conf lguration.  By  varying  gap  and  exit  area  , 
various  combinations  of  secondary  airflow  and  pressure  can  be 
obtained. 


Method  of  Calculation  with  Flow  Through  Coggpartment 

The  method  of  calculating  secondary  ad rf lows  for  a  flow  through 
compartment,  can  apply  to  both  the  RA-5C  typt  where  the  secondary 
airflow  is  obtained  from  s  gap  at  the  engine  face  or  the  air  can 
be  obtained  throi;gh  an  external  scoop  as  shown  for  the  aft 
compartment  of  the  T-2B. 


The  method  of  calculating  secondary  airflovB  with  a  How  through 
compartment-  is  very  similar  to  the  method  presented  in  the  pre¬ 
vious  subsection, with  the  exception  that  instead  of  an  overboard 
dump,  there  is  an  ejector  nozzle.  The  flow  capability  of  the 
nozzle  is  obtained  from  the  pumping  character! sties  discussed 
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previously.  By  assuming  various  values  of  Pjg,  the  secondary 
airflows  can  be  calculated  for  any  particular  flight  condition. 
The  gap  airflows  can  be  calculated  as  presented  in  the  previous 
subsection  and  both  airflows  plotted  versus  PTS  and  the  match 
point  cifl.ermined . 


For  the  HA-5C,  it  was  decided  to  construct  a  0.25  scale  model 
and  measure  the  pressure  losses  through  the  engine  compartment. 

Two  sets  of  losses  were  recorded.  One  set  was  from  the  inlet 
duct  total  pressure  at  the  compressor  face  to  the  secondary  air 
modulating  gap.  The  other  set  was  from  the  secoid  ary  gap  total 
pressure  to  the  nozzle  inlet  total  pressure.  The  average  pressure 
loss  from  the  inlet  duct  to  the  gap  was  5^-  The  pressure  loss 
from  the  gap  to  the  nozzle  was  mainly  the  result  of  the  sudden 
expansion  from  the  gap  into  the  secondary  compartment,  and  there 
was  very  little  loss  through  the  engine  compartment  itself.  Assum¬ 
ing  a  one  "q"  loss  from  the  gap  to  the  engine  compartment  and  no 
losses  in  the  engine  compartment  will  give  essentially  the  same 
result  as  that  measured  on  the  model. 

From  the  model  data  and  the  performance  of  the  ejector  the 
secondary  airflow  can  be  calculated  for  various  gap  settings 
and  engine  power  settings.  Figure  7-16  presents  secondary  air¬ 
flows  versus  gap  area  at  given  Mach  numbers  at  max  a/b  power 
settings  for  the  RA-5C. 

For  ground  and  low  speed  flight  conditions,  the  ground  cooling 
door  is  opened  and  cooling  air  is  taken  aboard  through  the  door, 
with  part  of  the  air  going  forward  through  the  gap  into  the 
inlet  duct  -  the  remaining  air  going  aft  througn  the  ejector 
nozzle  aa  shown  on  Figure  7-17.  For -this  case  the  cooling  door 
flow  mu6t  equal  both  the  gap  flow  and  the  nozzle  flow.  The 
method  similsr*  "t o  "ths  ^srsviously  discussed.  mct.-h.Qci ;  Vs.rl.ous 
values  of  PTS  are  assumed  and  the  flows  calculated  and  plotted. 

The  total  pressure  of  the  air  flowing  through  the  door  will  be 
equal  to  ambient  pressure  (P  ).  The  static  pressure  will  be 
equal  to  Pts  since  the  flow  16  not  cho  ted  at  the  door.  At  the 
gap,  the  total  pressure  is  equal  to  Prg  and  the  static  pressure 
is  equal  to  the  inlet  duct  static  pressure.  The  nozzle  flow  is 
calculated  from  the  nozzle  pumping  curves  for  each  value  of  P^g. 
Figure  7-18  presents  the  ground  cooling  door  airflow,  the  gap 
airflow,  the  nozzle  airflow  and  the  total  of  gap  and  nozzle 
versus  secondary  airflow  pressure,  where  the  door  airflow  ana 
the  total  of  the  gap  and  nozzle  airflow  cross  is  the  path  point. 
The  door  flow  is  2$.h  lb/sec,  and  the  secondary  pressure  is  13-3. 
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Reading  the  gap  flow  curve  and  nozzle  flow  curve  at  P^g  =  13*3 
gives  19-7  and  9-7  lb/sec  flow,  respectively. 

7-5-3  Engine  Compartment  Bursting  Loads 

In  the  course  of  calculating  secondary  airflows,  the  secondary 
airflow  pressure  In  the  engine  compartment  is  also  calculated. 

From  aerodynamic  data  the  pressure  coefficients  on  the  external 
surface  of  the  engine  compartment  can  be  obtained  and  the  external 
static  pressure  determined.  The  differential  between  the  internal 
pressure  and  the  external  pressure  will  be  the  bursting  load  of 
the  engine  compartment.  The  engine  compartment  is  designed  to 
withstand  a  given  load  and  the  bursting  pressures  must  not  exceed 
this  value.  Figure  7-19  presents  the  differential  across  the 
engine  compartment  for  various  gap  settings  and  Mach  numbers  at 
max  A/B  power  setting  for  the  RA-5C.  The  design  pressure  is 
8.0  psid;  therefore  at  higher  Mach  numbers  the  gap  area  must  be 
limited  or  the  design  pressure  will  be  exceeded. 

For  conditions  where  the  design  pressure  is  exceeded  the  pressure 
relief  door  opens  and  the  pressure  is  decreased.  The  question  then 
arises  as  to  What  size  pressure  relief  door  iB  required?  For 
most  cases  for  the  RA-5C  the  secondary  airflow  gap  is  choked  when 
the  pressure  relief  door  is  required  to  open.  When  the  gap  Is 
choked,  a  constant  secondary  airflow  is  flowing  into  the  engine 
canpartment  regardless  of  the  compartment  pressure.  Assuming 
value 8  of  secondary  pressure  (PTs)>  the  nozzle  flow  and  the  door 
flow  can  be  calculated  and  plotted  versus  PTg  to  determine  at 
what  value  of  PTS  the  pressure  relief  door  flow  and  the  nozzle 
flow  match  the  gap  flow.  This  vill  be  the  engine  compartment 
internal  pressure.  If  the  differentia.1  pressure  is  above  the 
design  pressure,  a  larger pressure  relief  door  1b  required. 

The  most  important  item  to  consider  in  these  calculations  is 
the  flow  coefficient  for  the  pressure  relief  door.  For  supersonic 
flight  the  flow  coefficient  could  be  consuerably  reduced,  which 
would  then  require  a  larger  door  opening  to  reduce  the  engine 
compartment  pressures.  The  following  subsection  will  present 
flow  coefficients  for  the  RA-5C  pressure  relief  door. 

7.5.1  Overboard  Exits 

Tnis  discussion  of  the  flow  coefficient  aoi  the  thrust  performance 
of  overboard  exits  applies  a  ',  only  to  secondary  airflow  coapartjaent 
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exits  but  also  to  any  other  airflow  exit  required  on  the 
aircraft,  such  as  heat  exchanger  cooling  airflows,  ramp  bouixlary 
layer  bleed  airflows,  etc.  References  1  through  1  present 
per I'ori'iance  data  for  overboard  exits  for  various  types  of  exits 
and  flow  conditions.  A  discussion  of  the  results  of  these  reports 
v  bo  presented  herein. 

The  airflow  through  an  overboard  exit  is  generally  calculated 
from  the  total  pressure  in  the  exit  and  the  ambient  pressure  at 
the  given  aircraft  altitude.  From  this  pressure  ratio  the  Mach 
number  can  be  determined  and  hence  the  airflow  parameter  and  the 
actual  airflow.  However,  the  interaction  of  the  exit  airflow  v ith 
the  free  stream  airflow  may  cause  a  static  pressure  rise  at  the 
exit.  The  actual  pressure  ratio  will  be  less  than  the  assumed  ratio 
and  the  actual  airflow  will  be  less  than  the  theoretical  calculated 
value.  Tht  flow  coefficient  (K)  is  not  only  influenced  by  the 
boundary  layer  effects  but  also  by  the  static  pressure  rise  due  to 
the  interaction  of  the  two  mixing  streams.  Figure  7-20  presents  a 
sketch  of  this  interaction  of  the  free  stream  air  with  the  exit 
air  in  supersonic  flow. 

Figures  7-21  through  7-2^  present  the  sonic  flow  coefficient  and  the 
thrust  coefficient  for  four  flush  exits  with  varying  exhaust  angles. 
The  sonic  flow  coefficient  is  very  similar  to  the  flow  coefficient 
previously  defined  in  this  lecture  except  that  the  actual  f low  is 
references  to  the  maximum  theoretical  sonic  flow  which  would  pass 
through  the  exit  area  at  the  same  pressure  and  total  temperature. 

For  pressure  ratios  greater  than  1.893;  the  sonic  flow  coefficient 
is  identical  to  the  flow  coefficient  (K.)  defined  in  this  lecture. 

The  thrust  coefficient  is  defined  as  the  actual  thrust  of  the  exit 
air  divided  by  the  isentropic  thrust  of  the  air  at  the  same 
pres  sure  arand  temperature. 

From  these  figures,  it  is  readily  apparent  that  the  flew  coeffici¬ 
ent  is  independent  of  pressure  ratio  and  free-streara  Mach  number 
above  pressure  ratios  of  approximately  3-0.  Unfortunately,  most 
of  the  air  dumped  overboard  from  an  aircraft  is  usually  at  a  low 
pressure  level  and  the  flow  coefficients  in  this  range  have  con¬ 
siderable  scatter  and  poor  accuracy. 

The  thrust  coefficients  show  the  best  performance  at  the  shallower 
discharge  angles  which  is  what  would  be  normally  expected. 
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7.6 
7.6.  1 


HcT'-rence  3  presents  n  performance  comparison  'between  flush  and 
shielded  inlets.  A  sketch  of  the  two  types  of  exits  1®  shown 
on  Figure  7-71?.  A  thru6t  comparison  of  the  two  exits  is  pre¬ 
sented  on  Figure  7-?6.  The  shielded  exit  has  better  performance 
than  the  flush  exit  at  supersonic  Mach  numbers.  Some  unpublished 

u  irk  !  formed  in  the  Thermo  Lab  at  North  American  several  years 
n^u  indicated  that  shielded  exits  had  very  high  flow  coeffici¬ 
ents.  This  can  he  expected  because  there  is  very  little  inter¬ 
act!,  n  between  (.he  exit  stream  and  the  free  stream.  For  no  exit 
flow  the  pressure  at  the  exit  will  be  reduced  below  ambient. 

It  is  possible  under  sane  subsonic  flow  conditions  to  actually 
Lave  a  flow  coefficient  greater  than  one  because  the  external 
static  pressure  is  below  ambient. 

It  is  very  difficult  to  find  good  data  for  performance  and  flow 
coefficients  for  overboard  exits  for  a  complete  range  of 
Mach  numbers  and  exit  pressure  ratios. 


When  the  pressure  door  problem  camealong  on  the  RA-5C>  it  was 
decided  that  sufficient  data  were  not  available  to  accurately 
predict  the  flow  coefficients  for  the  pressure  relief  door. 

The  pressure  relief  door  extended  into  the  air  stream  as  shown 
on  Figure  7-27.  The  additional  shock  waves  generated  by  the  door 
complicated  the  flow  field  at  the  exit  so  that  it  vu  very  difficult 
to  predict  the  flow  coefficient.  The  thrust  or  drag  produced  when 
the  door  was  open  was  of  no  concern  since  the  door  would  only  be 
open  during  transient  flight  conditions. 


A  lab  test  was  initiated  to  measure  the  flow  coefficients  of  this 
type  of  exit  in  a  supersonic  stream.  The  results  of  this  test 
are  presented  on  Figure  7-28.  The  maximum  flow  coefficients  are 
approximately  0.8  at  pressure  ratios  of  4.  The  flow  coefficients 
presented  on  Figures  7-21  through  7-24  were  approximately  0.95  at 
a  pressure  ratio  of  4.  Apparently  the  addition  of  the  door  in  the 
exit  stream  created  additional  shock  waves  sr.d  increased  the  static 
pressure  at  the  exit,  thereby  decreasing  the  flow  coefficient. 


Secondary  Airflow  Losses 


Inlets  and  Diffusers 


About  the  same  components  compose  each  of  the  miscellaneous  systems. 
Each  has  an  inlet.  It  could  be  a  perforated  plats,  a  ram  air  scoop, 
or  a  flush  inlet.  Variations  exist  in  each  major  category.  Ram  air 
scoops  may  be  submerged  in  the  boundary  layer  or  exposed  to  free 
stream.  The  flush  inletB  could  be  slots  or  NACA  submerged  inlets. 
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7 . 6 . 1 . 1  Flush  Inlet  Losses 


Flush  inlets  may  take  the  form  of  perforations,  flush  holes  or 
slots,  and  inclined  holes  or  slots.  Perforations  have  low  flow 
coefficients  and  a  large  number  of  holes  may  be  necessary  to  bleed  off 
the  boundary  layer  air.  To  stabilize  a  normal  shock,  the  boundary 
layer  air  should  be  bled  ahead  and  downstream  of  the  shock.  A 
porous  bleed  system  lends  itself  well  to  this  requirement.  Airflow 
is  low,  as  is  the  bleed  air  pressure  recovery.  However,  many  boundary 
layer  bleed  systems  utilize  this  method  of  removing  Lhe  low  energy 
air. 

In  designing  a  porous  surface  removal  system,  pressure  drop  across 
the  material  and  flow  rate  are  the  quantities  of  interest.  Usually, 
the  free-stream  boundary  layer  is  being  removed  from  flows  parallel 
to  the  porous  plate.  This  results  in  a  reduction  in  the  flow  coeffi¬ 
cient  of  the  holes  in  the  surface.  It  is  convenient  to  utilize  normal 
flow  data  by  modifying  the  porosity  of  the  plate  to  account  for  the 
reduction  in  flow  coefficient.  A  correlation  of  the  existing  porous 
material  flow  characteristics  has  been  accomplished  in  Reference  5  . 
Figure  7-27  shows  the  correlation  of  various  data  for  flow  normal  to 
a  porous  plate.  The  data  for  the  curves  was  taken  from  References 
13  through  15.  The  equation  governing  Lhe  flow  for  hole  aspect  ratios 
of  .64  and  greater  is  shown  on  the  plot.  Since  this  is  for  flow  normal 
to  the  plate,  another  correlation  is  required  to  determine  th  effect 
of  flow  parallel  to  the  plate.  The  equations  allowing  the  correlation 
are  stated  below. 


—  =  1  +  {.0562  +  .2289  ~  -  f  (o..))(M0)  ^ 

“n  °h  po  ° 


L  _ ap  g 


(7.1) 


where: 

sty- 

•  \ 

1-461-8948  (^) 

( 7 . 2 ) 

and 

f(oo>  =  ■ 

.3978  +  2.561ao  - 

2 

6.352  o 

o 

(7.3) 

The  last  two  equations  are  plotted  in  Figure  7-30. 

The  above  equations  are  valid  in  the  following  ranges: 

0  -  M0  -  1.4 

.02  f  o  *=  .20 
o  ~ 

.89  *  L/Dj,  _  2.5 


7-1? 


The  nomenclature  is  described  in  Figure  7-31. 

If  the  porous  material  is  used  in  an  area  where  the  Mach  number 
'han^cs  srcs  shoiild  be  brokss  lt\to  £inci 

properties  used  over  that  area. 

Figure  7-32  illustrates  the  method  of  obtaining  the  flow  characteristics 
as  a  function  ol  porosity.  A  number  of  Mach  numbers  would  fill  out  the 
spectrum  for  the  complete  aircraft  envelope.  The  minimum  loss  would  be 
selected.  At  some  critical  mission  condition,  the  porosity  would  be 
chosen  to  minimize  the  losses. 

An  example  of  the  use  of  the  equations  and  curves  follows.  Assume  a 
bleed  flow.  Compute  (W  f§^"0)/(50  A0)  from  the  Mach  number  along 

the  surface  and  the  average  properties  of  the  stream.  Assume  a  hole 
aspect  ratio  l/D^  *  1  for  this  example  and  assume  a  corrected  bleed 
flow  rate  of  .1.  Using  equation  (7, 1)  and  Figure  7~2,  compute,  0a/co  for 
various  values  of  °0  and  P/Po-  Plot  the  results  as  shown  in  the 
upper  portion  of  Figure  7-32.  Then, using  the  equation  shown  on  Figure 
7-29, calculate  ca  for  several  values  of  AP/P0  versus  o0 


for  the  given  airflow  and  Mach  number.  Repeat  the  above  until  a  map  of 
Mach  numbers  and/or  weight  flows  are  covered  and  then  choose  the  best 
compromise  for  the  aircraft. 

If  one  is  asked  to  evaluate  a  given  system,  the  following  procedure 
is  recommended.  Choose  the  conditions  and  determine  the  Mach  number, 

Mn.  From  the  design,  determine  the  porosity  (o0)  and  the  hole  aspect 
ratio  (L/Ofo).  Determine  f  (oQ)  and  g  (L/D^)  from  Figure  7-31.  Substitute 
the  values  in  Equation (7. 1).  This  results  in  an  equation  oa  -  f(AP/P0) 
Assume  a  oa  and  solve  for  AP/P0.  Choose  a  typical  value  of  bleed  flow 
from  the  table  below. 


TABLE  I 


Inlet  Type 

wbl/WDuct 

External  Compression 

3-5% 

Mixed  Compression 

6-8%  I 

10  -  12%  (if  higher  recovery  desired) 

All  Internal  Compression 

(25  -  30%) 

(Pitot  Type) 
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r - ... 

Calculate  (Wj,]  *9t0)/60  and  divide  by  the  assumed  ea.  Find 

the  value  of  the  corrected  weight  flow  on  the  abscissa  of  Figure 
7-2?  and  determine  the  loss  through  the  porous  plate  on  the  ordinate. 
Compare  this  value  with  the  one  previously  assumed.  Iterate  until 
a  AP/F0  is  found  that  satisfies  both  condition*.  Using  the  methods 
described  later,  the  editing  momentum  and  drag  will  be  determined. 

7. 6. 1.2  Flush  Slots 

Perforations  have  poor  flow  coefficients  in  supersonic  1  low  and 
requir^  a  large  number  of  holes  to  bleed  the  required  airflow.  A 
flush  slot  can  bleed  moderate  amounts  of  air  with  good  bleed  pressure 
recovery.  The  bleed  area  requirement  is  much  less  for  the  flush  slot. 


in  general,  for  flush  inlets,  the  inclination  of  the  inlet  axis  with 
the  surface  is  the  major  geometric  parameter  influencing  recovery. 

Smaller  angles  with  respect  to  the  surface,  offer  superior  performance. 

For  low  mass  flow  ratios,  an  NACA  submerged  inlet  offers  improved  recover¬ 
ies.  Deep,  narrow  inlets  have  lower  drag  than  wide  shallow  ones  at  Mach 
numbers  greater  than  .9,  but  at  lower  Mach  numbers  the  wider  inlets 
prove  superior.  The  width  to  depth  ratio  affects  the  performance  of 
inlets  by  allowing  more  high  energy  air  to  enter  with  the  low  width  to 
depth  inlets.  Both  pressure  recovery  and  mass  flow  will  increase. 

Figures  7-33  through  7-43  are  typical  performance  parameters  for  flush 
slots  at  varying  angles  of  inclination.  Both  Mach  number  and  mass- 
flow-ratio  affect  the  performance  of  the  inlets.  Figures  7-44,-45 
show  similar  parameters  for  an  NACA  type  submerged  inlet.  The  initial 
ramp  is  7°  and  the  sides  diverge  to  meet  the  inlet.  Included  also  are 
drag  coefficients  based  upon  frees trean  q  and  inlet  area  for  each 
configuration. 

Figure  7-46  presents  the  inlet  area  required  for  equal  mass  flow  and 
drag  for  various  ramp  inclination  angles.  The  principle  effect  of 
gtwa 1 1  initial  inclination  o £  t*h  a  ranin  is  to  roducs  ths  inlat  araa 
required  significantly. 

In  the  analysis  of  flush  inlets,  the  total  pressure  recovery  is  used 
instead  of  the  static  pressure  drop  as  in  the  perforated  plates.  With 
flush  inlets,  the  area  is  large  enough  to  allow  turning  the  flow  and 
improving  the  pressure  recovery. 

Reference  7  shows  the  effects  of  yawing  rhe  axis  of  the  flush  inlet 
on  inlet  performance.  Needless  to  say,  the  axis  of  the  inlet  should 
be  aligned  with  the  flow  direction  for  maximum  performance. 
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Having  the  mass  flow  and  pressure  recovery  characteristics  of  a  flush 
inlet,  an  iterative  process  utilizing  the  flew  ele»*nt%  of  the  remainder 
of  the  system  is  required  to  size  the  inlet.  This  will  he  flluatrated 
in  an  sample  later. 

7. 6. 1.3  Ram  Scoops 

Ram  scoops  have  good  recovery,  but  they  are  rather  inflexible.  A 
ram  scoop  is  another  inlet  and  must  be  sized  properly,,  otherwise  it 
will  spill  and  separate  boundary’  layer  ahead  of  it.  Good  recovery  is 
obtained  from  it  however,  and  flow  area  can  bs  minimized  using  it. 

With  this  type  of  Inlet,  a  theoretical  approach  for  analysis  is  avail¬ 
able  from  Reference  8.  The  position  of  the  scoop  with  respect  to 
the  boundary  layer  determines  the  maximum  theoretical  pressure  recovery 
possible.  A  scoop  in  the  boundary  may  be  analyzed  utilizing  the  curves 
shown  in  Figures  7—47  through  7-50  taken  from  Reference  7.  The  figures 
rhown  are  for  a  boundary  layer  profile  that  follows  the  1/7  power  law 
u/U*(y/6)^  .  This  approximation  will  serve  for  moat  applications  and  will 
be  within  +  5%  accuracy. 

Steps  are  outlined  below  in  the  design  or  evaluation  of  a  boundary 
layer  scoop.  The  boundary  layer  thickness  must  first  be  calculated. 

The  equation  commonly  used  for  computing  a  turbulent  boundary  layer  is: 


0.2 

6/x  -  0.376/ (R^x) 

where  Rgx  ■  Surface  Reynolds  Nun&er 

The  length  of  the  body  to  the  station  is  used  for  the  length.  This  gives 
a  boundary  layer  thicker  than  actual,  but  It  sufficiently  accurate  for 
analysis  of  the  in lot.  Forebody  shape  and  initial  laminar  flow  would 
reduce  the  thickness,  but  these  refinements  are  nor.  necessary  for  this 
application.  From  the  design  conditicno,  the  M&ch  nuxtber  and  scoop 
height  are  obtained.  The  scoop  height  to  boundary  layer  thickness  ratio 
is  computed  and  Figures  7-47  through  7-50  are  entered  for  boundary  mass- 
flow-ratio,  momentum  ratio,  and  pressure  recovery.  For  a  boundary  layer 
scoop  of  height  equal  to  the  boundary  layer  at  a  Mach  -  2.0,  the  maximum 
theoretical  mass  that  can  be  captured  is  76%  of  what  is  available  in  an 
equal  area  in  the  free  stream.  The  maximum  recovery  is  51.6‘i  of  free- 
stream  total  pre3sure.  These  are  theoretical  values  based  upon  a  1/7 
law  velocity  profile.  Reference  S  is  a  test  of  s  submerged  and  ram  scoop 
inlet  in  a  relatively  thick  boundary  layer  (r/6  *  1.0)  (Figure  7-51). 

The  recovery  at  Mach  «  2.  was  28%  at  the  critical  mass-flow-ratio. 

Figure  7-52.  The  maximum  mass  flow  the  inlet  could  pass  was  52%  of 
that  available  in  the  free-stream  of  the  same  area.  The  theoretical 
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values  were  computed  for  a  1/7  velocity  profile  boundary  layer,  however 
Reference  10  indicates  that  the  profiles  may  vary  from  1/11  to  1/5  and 
even  be  laminar  without  a  discrepancy  of  more  than  2%  in  total  re¬ 
covery  . 

The  art nn i  scoop  performance  is  seen  to  be  inferior  to  the  theoretical. 
An  approach  to  the  design  of  boundary  layer  ram  scoop  would  be,  first, 
to  determine  the  mass  flow  and  recovery  theoretically.  Second,  the 
recovery  and  mass-flow-ratio  can  be  modified  by  ratios  formed  from 
the  data  ot  Figures  7-51  and  7-52.  These  ratios  are  6hown  in  Figures 
7-53  and  7-54  for  r/ <5  =■  1.  These  data  should  be  valid  for  scoop  heights 
in  the  range  of  r/ <5  *  .8  to  1.5.  For  scoops  of  smaller  r/6,  the  data 
presented  may  be  optimistic  and  wind  tunnel  data  of  the  particular 
design  should  he  obtained.  The  modified  data  represents  the  performance 
that  can  be  expected  from  an  actual  boundary  layer  inlet. 


Miscellaneous  drag  systems  can  each  be  viewed  as  miniature  propulsion 
systems.  Each  has  an  inlet,  diffuser,  enetgv  change  and  exit.  The 
propulsion  system  increases  the  energy  of  the  working  fluid,  the 
other  systems  reduce  the  energy.  With  a  heat  exchanger  in  the  circuit, 
there  is  an  addition  of  energy  to  the  system  in  the  form  of  heat  and  a 
pressure  loss  through  the  heat  exchanger  core.  The  net  effect  is  a  loss, 
but  the.  off-setting  effect  of  heat  addition  must  be  considered  in  the 
analysis . 

7.7.1  heat  Exchanger  Types 

In  general,  the  addition  of  heat  to  the  working  fluid  is  accomplished 
by  extended  surfaces  of  some  nature.  Most  common  heat  exchanger  designs 
are  tubular  and  plate  fin.  The  tubular  heat  exchanger  provides  less  res- 
striction  on  the  cooling  air  side  and  allows  higher  cooling  air  flow  than 
a  plate  fin  heat  exchanger.  Where  sufficient  pressure  uiop  is  available, 
a  plate  fin  heat  exchanger  is  more  effective  because  more  heat  transfer 
surface  is  provided. 

Examples  of  heat  exchanger  use  include  oil  coolers  used  on  engine 
lubrication  systems  and  primary  and  secondary  heat  exchangers  for 
cabin  and  avionics  conditioning  systems.  Most  critical  operating  condi¬ 
tions  for  the  heat  exchanger  are  chosen  for  sizing  the  surface  and  duct¬ 
ing  components.  An  air  oil  cooler  for  a  turboprop  power  plant  would  be 
sized  for  ground  operation  at  idle  speed.  For  a  supersonic  aircraft 
other  critical  operating  conditions  exist.  In  maximum  afterburning 
at  high  speed,  fuel  is  used  for  a  heat  sink.  For  overload  conditions, 
an  auxiliary  air  oil  cooler  must  be  used.  The  cooling  medium,  however. 
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lc  at  high  temperature  and  the  heat  exchange  surfaces  tend  to  get 
large  in  order  to  reject  the  haste  For  a  hot  day  sea  level  loiter, 
the  pressure  head  available  for  eooling  is  email  and  the  cooling 
air  temperature  high.  This  problem  is  sometime*  solved  by  utilising 
a  jet  ejector  pump  to  aspirate  air  through  the  heat  exchanger  core. 

There  are  many  examples  of  heat  exchanger  use .  Tire  losses  are 
generally  charged  against  the  propulsion  system. 

7.7.2  Heat  Exchanger  Drag  Estimation 

The  drag  of  the  heat  exchanger  system  must  include  the  loae  characteris- 
ti  b  of  all  the  components.  For  heat  exchangers  curvee  of  the  type 
shown  in  Figures  7-55  and  7-56  are  necessary.  Usually  the  cabin  or 
avionics  heat  rejection  ia  known.  The  effectivity  curves  (Figure  7-55) 
are  entered  and  a  heat  balance  struck  between  the  two  fluids.  The 
average  temperature  and  pressure  in  the  core  determine  the  pressure 
loss  through  the  heat  exchanger  (Figure  7-56) . 

An  example  of  the  use  of  the  curves  is  shown  below: 

Altitude  ■  50,000  feet  Hot  Day 

Bleed  Air  Temperature  ■  I370°R 
Bleed  Air  Pressure  -  80  PSIA 
Ambient  Air  Temperature  *  421°R  (-39°F) 

Ram  Air  Temperature  *  710°R  (250°F) 

Heat  exchanger  cooUng  air 

Inlet  total  pressure  ■  9.9  PSIA  (20.2"  Hg) 

Outlet  static  pressure  •2.5  PSIA 
Distance  to  Inlet  from  lip  -  100  Inches 
Duct  Mach  No.  ■  .55 

Inlet  Dimensions  ■  3  inch  deep  x  8  in  wide 
Duct  Raynolds  No.  ■  10^ 

The  heat  exchanger  inlet  is  a  slot  in  the  duct  at  an  angle  of  15° 
from  the  duct  surface.  From  Figures  7-33  obtain  the  total  pressure 
recovery  (.92).  Calculate  the  boundary  layer  thickness  from 


.376 

5/x  ■  - - q  •,  •  80  that  6  -  100 

(Rex) 


f.376  1  1  7* 

3’76 


Tiic  r/ w  for  Figure  7~33  srs  eti  the  erdsr  c£  1.4  ^ ** 

total  pressure  recovery  must  be  modified  by  the  data  of  Figure  7-50. 
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So  that 


modified  “ 


^ 1 2 / t o|  ^rom  Figure  7-33)^2ij 


(-■“]  ;where  Pt2/rto  = 

' 1  to '  r/6=1.4  *®7 


.90 


The  mass  flow  is  taken  to  be  critical  and  is  modified  in  a  similar 
calculation  to  that  for  pressure  recovery  using  Figure  7-A7, 


m/mi-Cra/toj,) 


Figure  7-33 
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The  following  equations  were  utilised  in  the  calculation*  above. 


Q  “  (W  CP^ (smallest  e)  <*1  in  -  *2 

0.17. 35^  (P  in  "Hg) 

Tavg  (T  in  °R) 


A?  m  (c& P)  - - 

17.35  P nvg 


oA  T  Tgv| 

(17.35)  (Pln  -  |£)(13.6> 


e  "  effectiveness 


actual  heat  transfer _ _ 

maximum  possible  heat  transfer 


The  actual  heat  transfer  may  be  computed  by  calculating  the  energy 
lost  by  the  hot  fluid  or  the  energy  gained  by  the  cold  fluid.  The 
fluid  that  undergoes  the  most  temperature  change  hat  a  minimum  value 
of  (W  Cp)  and  is  the  one  used  to  compute  the  heat  transferred.  This 
is  evident  since  the  heat  absorbed  by  one  fluid  must  equal  the  heat 
rejected  by  the  other. 

The  results  of  the  above  Table  are  plotted  on  Figure  7-57.  A  short 
cut  to  the  above  method  would  be  to  compute  only  one  of  the  points, 
plot  it  on  log-log  paper  and  construct  a  line  with  slope  »  2.  This 
will  produce  the  typical  loss  curve  shown.  The  pressure  is  known  at 
the  inlet  and  suppose  there  ia  a  diffuser  of  A2/A1  of  2  immediately 
aft  of  the  flush  inlet.  Having  determined  the  total  pressure  recovery 
and  mass  flow  at  the  inlet  station,  a  corrected  weight  flow  is  now  computed 
at  that  point  assuming  the  maximum  mass  flw*. 


Following  is  an  iterative  method  of  matching  the  air  flow  through 
the  system  chosen  for  this  example. 


For  M,  >■  .  55;  the  corrected  airflow  parameter  ■? - — - 

<>to  Ai 

Ai  -  24  in2 

Jt  -  9.9/14.7  -  .673 

-  V7I0/579  -  1.17 

V0  .  ^2735x24x^673,.  3<77  ///aec- 
1.17 


.2735 
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m/fflo  -  .96  (Figure  7-47) 


m*ct  -  .96x3.77  •  3.62  ■  -  218  Ib/min 

PU/|,.«  *  0.9 

Pti  -  (.9)  (9.9)  -  8.9  psi  §>ti  =  8.9/14.7  «  .608 
Wi  4^  (3.62)  (1.17)  =  _292 

7~ A  "  (.605  (24) 

6i  Ai 

Mi  -  .611,  Pti  .  1.286,  Pi  -  8.9/1.286  -  6.92  psi 
qi  -  .7  PM2  -  (.17)  (6.92)  (.611)2  *  1.81  psi 


The  next  step  is  to  determine  the  losses  in  the  diffuser.  The  con¬ 
figuration  looks  like  a  60°  transition  bend  end  a  loss  coefficient 
may  be  determined  from  data  presented  in  Reference  (11). 


A  APt/q  -  0.8  is  calculated 
Ft  -  (! .81) (0.8)  «  1.45 


Pt.  *  8.9-1.45  -  7.45  psi 
in 

wln  ^tTn  _  0.62)  (1.17) 

<5 in  A  (.506)  (48) 

From  Figure  7-57  at  218  lb/rain  airflow, 


Tin  “  '.45/14.7  -  .506 
Mjn  -  .312,  PT,„/Pln  -  1.07 

-  -VS  4 

Pin  “  6.96 

a  Fs  of  18"  Hg.  is  read. 


P  »  8. 84  psi 


P3out 


6.98-8.84  »  -2  psi 


This  does  not  match  the  exit  condition  of  2.5  psi.  It  means  the  initial 
estimate  of  maximum  airflow  is  not  correct.  The  mass  flow  is  now  reduced 
and  the  above  procedure  repeated  until  the  mass  flow  selected  produces  a 
pressure  that  matches  the  exit  conditions. 
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The  exit  momentum  is  nov  determined.  The  exit  in  a  15  slot.  From 
Figure  7-57  a  velocity  coefficient  and  flow  coefficient  ere  found. 

Knowing  the  mess  flawing  through,  the  systea  determljilnc  the  total 
pressure  at  the  exit,  and  having  the  exit  area  and  temperature,  the 
exit  mass  flow  parameter  is  found.  This  is  matched  against  the  data 
of  Section  7.5. 

A  better  approach  to  this  Inlet,  heat  exchanger,  exit  matching  problem 
is  to  begin  with  a  number  of  flows  through  the  system  solving  for  the 
losses  and  an  exit  area.  By  plotting  the  cooling  flows  against  the  exit 
area,  one  is  able  to  enter  the  curve  with  the  known  exit  area  and  find 
the  cooling  airflow.  Ths  exit  momentum  is  found  from  the  figures  of 
Section  7.5. 

This  term  is  recovered  momentum  that  is  added  to  the  thrust  of  the 
aircraft.  A  series  of  these  recovery  values  for  a  typical  mission 
are  found  and  plotted  against  Mach  number.  This  generalization  is 
then  used  for  other  portions  of  the  envelope. 

7. 8  Auxiliary  Cooling  Drag 

The  devices  Include  this  section  are  those  that  have  no  published 
lose  curves  readily  liable  from  a  manufacturer.  Additional,  cooling 

Scoops  such  as  those  required  for  cooling  generators  or  compartments 
add  very  little  energy  to  the  exiting  stream.  Usually  the  losseB  associated 
with  these  auxiliary  openings  are  email  compared  with  the  net  propulsive 
effort.  The  conventional  method  of  estimating  the  losses  is  to  assume  a 
total  momentum  loss  from  the  free  stream  condition  to  the  exit.  For 
example,  the  T-2B  has  a  lateral  firewall  across  the  engine  bay  that  separates 
the  compressor  from  the  burner  compartment.  Air  for  cooling  the  burner 
area  is  introduced  to  the  bay  with  ram  scoops  that  extend  out  into  the 
free  stream.  The  losses  are  calculated  to  be  the  total  momentum  of  the 
entering  stream  (  W  V0) .  Air  flow  (W)  is  calculated  from  the  air  flow 

parameter  (W0  / ( 6 /A) ,  the  airplane  free  stream  conditions  and  the 

physical  area  of  the  scoop.  The  losses  are  higher  than  actual,  but 
corrections  would  unduly  complicate  the  procedure.  For  generator  cooling, 
a  similar  calculation  to  that  outlined  in  the  heat  exchanger  section  will 
have  to  be  followed  to  check  for  adequate  generator  cooling.  However,  for 
the  drag  estimation,  the  total  inlet  momentum  is  considered  lost. 

7 . 9  Boundary  Layer  Bleed  Drag 

Boundary  layer  that  has  accumulated  on  Inlet  surfaces  must  be  removed 
to  provide  optimum  pressure  recovery  for  maximum  thrutt  and  maximum  Inlet 
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stability.  Three  methods  ol  removing  the  boundary  layer  are  commonly 
used.  The  perforated  plate,  flush  scoop,  and  ram  scoop,  bach  of 
these  inlet  types  have  beer,  discussed  previously.  A  means  of  estimating 
the  pressure  recovery  and  mass  flow  has  been  devised.  Minimizing  the 
losses  through  the  system  Is  the  main  problem.  The  A-5A  originally 
had  poroua-raraps  tc  remove  the  boundary  layer  growth  along  the  inlet 
surfaces.  Several  problems  arose.  The  holes  were  difficult  to  drill 
because  each  was  centered  in  the  middle  of  a  honeycomb  backup  structure. 
The  holts  could  not  be  protectively  coated -after  machining  and  corroded 
after  service  use.  The  cost  was  high.  The  first  moveable  ramp  had  a 
porosity  of  about  101.  Typical  bleed  rates  are  shown  on  Figure  7-58. 

The  effect  upon  recovery  Is  shown  on  Figure  7-59.  The  flow  emptied 
into  a  chaafcer  behind  the  ramp  and  was  comuartmentized  from  the  other 
bleed  areas.  The  flow  exited  through  a  15°  flush  exit.  The  boundary 
layer  bleed  drag  is  the  momentum  change  of  the  bleed  air  through  the 
system.  The  incoming  momentum  was  accounted  for  in  the  Inlet  ram  drag 
by  increasing  the  airflow  by  the  bleed  percentage. 

1  +  WfiLELD  +  ^  +  ^BYPASS 
We  We  We 


To  analyze  the  boundary  layer  bleed  system  an  item  by  item  loss  analysis 
determines  the  pressure  drop  to  the  exit.  Since  the  mass  is  known  a 
corrected  weight  flow  parameter  may  be  computed.  From  the  pressure 
ratio  at  the  exit,  flow  and  velocity  coefficients  may  be  determined  and 
the  exit  momentum  calculated.  The  recovered  momentum  in  the  flight 
direction  is  added  to  the  aircraft  thrust. 

The  problems  mentioned  before  for  the  perforated  ramps  forced  the  sub¬ 
stitution  of  slotted  ramps  for  the  perforations  on  cha  RA-5C.  Both 
boundary  layer  bleed  systems  have  performed  well,  however,  the  slotted 

rwnns  are  easier  to  manuf aeture .  An  examnle  of  the  method  analysis  for 
- -  *  < 

the  boundary  bleed  drag  follows.  Assume  a  flight  condition  such  as  Mach 

1,8,  35,000  feet,  and  standard  atmosphere.  Fixed  first  ramp  is  8.5° 

second  movable  ramp  is  at  14°.  Second  ramp  Mach  number  is  approximately 

1.3.  The  slot  is  50  inches  behind  the  leading  edge.  The  boundary  layer 

is  calculated  to  be  .50  inches.  The  throat  height  for  the  slot  is  1.0 

inch  and  r/6  is  therefore  2.0.  The  slot  is  at  an  angle  of  about  3GC. 

From  the  curves  on  Figure  7-35,  one  obtains  the  total  pressure  recovery. 

The  recovery  is  modified  by  the  recovery  values  of  Figure  7-50.  The 

recovery  is  .44  x  .87  *  83  -  .46.  The  mass  flow  ratio  is  .43  and  must 

be  modified  by  rne  r/'o  rarios  for  the  different  boundary  layers  m/ni0«.448). 


7-25 


The  free  stream  corrected  airflow  is  modified  by  the  recovery  and 
mass  flow  factors. 

f*oGo  (*  \  -  Wl 

Since  h— -  /  T~  1  '  ~~  £«•-»- 

Vulo  Ai  /  pTo  /  l*/  _ 

\  /  /  corrected  '  /corrected 


so  that 

wi 

(.322) (  .448)  _ 

.314 

*Ti  Ai 

(.46) 

Given 

Ai  -  20  in2, 

/ijpi « 1.12 

Sfi 

then 

v  -  w_rSL  f 

<5li  Ai  ^ 

3.46  lbs/sec 

^i  / 

and  from  isentropic  tables  the  slot  entrance  Mach  nunber  is  found  to 
be: 

^  -  .702 
Determine  qL: 

qT  .  -  ^static  Mi2  -  . 7(6.46) (.702)2-  2.23  lb/in2 
L  2 

Hie  dumping  loss  from  reference  (11)  is  computed  assuming  total  loss 

Ox  CJ  • 

^  -  1.0  so  A?  -  2.23  -  6.74  lbs/in2 


so  that  bleed  air  c ital  pressure  is: 

pl2  -  Pi0  (—■  j  -  AP  -  8.97-2.23  *  6.74  lbs/in2 

The  internal  total  to  exit  static  pressure  ratio  is  formed  again  and 
the  flow  coefficient  determined.  The  air  flow  that  the  exit  can  pass  is 
determined  from  the  figures  in  Section  7.5  on  exits.  For  a  15°  exit  angle 
Figure  7-57  is  used,  The  flow  coefficient  is  .93  and  the  maximum  flow 
(choked  conditions)  that  can  pass  is  2.6.  The  exit  flow  is  less  than  vas 
assumed  for  the  inlet  conditions.  The  inlet  flow  now  must  be  modified  end 
the  process  repeated  until  the  exit  flow  matches  that  assumed  for  the  inlet. 
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7.10 


Boundary  Layer  Diverter 


7.10.1  Sizing  Considerations 

In  the  final  design  phases  of  a  configuration  study,  the  boundary  layer 
thickness  must  be  determined  and  the  boundary  layer  diverter  sized.  The 
results  of  a  study  (Reference  12),  have  yielded  an  accurate  means  of 
determining  the  boundary  layer  thickness  on  bodies  of  revolution.  The 
pertinent  equations  are  shown  below. 


6* 


.0475 


(1  +-3SK&  44 
(l+.176Ko2) * 


St 

(Ret?"2 


Where  St  ■  equivalent  flat  plate  distance  from  origin  of  the  turbulent 
flow  to  the  point  in  question. 


Rearranging  the  equation  above 


where  6/5*  is  shown  on  Figure  7-62 
<J>x(M)  is  shown  on  Figure  7-63 
(pV/y)  is  shown  on  Figure  7—64 

St  is  determined  from  Figure  7-65 

The  distance  St  is  determined  by  finding  the  transition  point  surface 
location  SCr  and  subtracting  this  from  the  total  surface  length  S  to  the 
point  in  question,  then  ■  S-S^r  and  Str  ■  Retr/(pV/y)0.  The  transi¬ 
tion  Reynolds  number  (Retf)  is  shown  in  Figure  7-65.  When  is  calculated, 
it  must  be  modified  to  reduce  St  to  its  equivalent  flat  plate  distance  St. 
This  modifier  accounts  for  the  thinning  out  of  the  boundary  layer  on  fore- 
bodies  where  the  cross  sections!  srss.  is  increasing  in  the  dc*^ns  t  re  sin 
direction.  The  forebody  may  be  divided  into  about  2  cone  frustrums  and 
the  equivalent  flat  plate  surface  length  determined  from  Figure  7-65. 
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An  approximate  method  that  yields  a  conservative  boundary  layer  thick¬ 
ness  is  to  assume  complete  turbulent  flow  from  the  nose  of  the  forebody 
to  the  inlet  and  considers  it  a  flat  plate.  The  common  expression 

0.2 

6/y  »  . 376/ (Re) 

yields  the  boundary  layer  thickness.  It  has  been  industry  practice  to 
remove  707.  of  the  boundary  layer  determined  by  the  above  expression  by 
a  boundary  diverter.  With  the  more  exact  expression,  it  is  recommended 
that  all  the  boundary  layer  be  removed. 

Other  design  parameters  that  ii f luerce  the  diverter  drag  are  the  wetted 
area  of  the  system,  the  deflection  angles  in  the  diverter  and  the 
divergence  angle  of  the  passage.  Design  criteria  for  diverter  systems 
is  found  in  keference  16).  In  brief,  the  leading  edge  of  the  boundary  place 
should  be  swept  back,  when  this  is  consistent  with  the  inlet  shock  con¬ 
figuration,  and  the  diverter  apex  should  be  at  least  one  diverter  height 
back  of  the  boundary  plate  aper.  To  reduce  the  pressure  and  friction 
drag  and  to  minimise  the  deflection  angles  (and  lateral  velocity),  the 
included  angle  of  the  diverter  wedge  should  be  20°  or  less.  To  prevent 
vortex  formation  In  the  diverter  channel,  the  comers  should  have  generous 
radii.  The  passage  height  must  diverge  both  longitudinally  and  laterally 
to  minimize  flow  resistance  and  prevent  choking. 

7 , 10 . 2  .  Drag  Estimation 

The  diverter  syi  tem  drag  may  be  divided  into  t\«o  parts  (7.)  the  pressure 
drag  of  the  wedge  and  (2)  the  skin  friction  dreg  from  one  system'. consist¬ 
ing  of  portions  of  the  wedge,  splitter  plate,  ani  body.  The  method 
presented  here  yields  the  total  drag  on  the  diverter,  and  the  additional 
wetter  surfaces  within  the  shadow  of  the  splitter  plate.  Figure  7-60 
defines  the  total  wetted  area  Aw  for  a  typical  boundary  layer  diverter 
system.  Pressure  drag  is  in  parametric,  form  in  Figure?  7-66  through 
7-68.  Skin  friction  drag  is  calculated  from  Figures  7-69  through  7-70. 
Figure  7-71  is  a  comparison  of  experimental  results  and  the  method  outlined. 
Although  the  data  presented  is  shown  for  a  diverter  apex  indentation  of 
zero,  the  drag  estimation  technique  may  be  applied  to  indentation  distances 
of  26. 

The  area  considered  for  the  skin  friction  calculations  include  the  sides 
of  the  diverter  wedge,  the  wetted  underside  of  the  splitter  plate  from 
the  lip  to  the  diverter  base,  and  the  wetted  surface  cf  the  main  body 
that  lies  in  the  shadow  of  the  diverter.  Figure  7-60  calculates  the 
wetted  area  of  a  system  with  a  rectangular  splitter  plate. 
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Skin  friction  depends  upon  Reynolds  number  as  well  as  Mach  number. 
Reynolds  numbers  may  be  obtained  from  Figure  7-64  by  multiplying  the 


ova 


rsK  t-e-foA/^  f  1-/1 


7-69.  Figure  7-70  shows  the  correlation  of  some  experimental  data 
used  in  the  presented  method. 

The  following  procedure  is  recommended:  (1)  Given:  Mg,  Altitude, 
diverter  geometry,  boundary  layer  thickness.  (2)  Calculate  parameters 
needed  for  Figures  7-66  to  7-68.  These  parameters  are  Mach  number, 
Reynolds  number,  9,  h/6  ,  d/6  ,  Aprojected*  Use  free  stream 

Mach  number,  and  Reynolds  number  based  on  surface  distance  to  the  inlet. 
(3)  Calculate  Cpp  from  Figures  7-66  through  7-68.  This  coefficient  is 
based  on  projected  frontal  area.  (4)  Calculate  Cdf  from  Figures  7-70 
and  7-71. 


Cdf  (Based  on  A*,)  -  (Cf„) 


Cdf  (Projected  Area)  -  CDF  (Vfttted  area.  A*,)  ^ 


^projected  J 


(5)  Calculate  total  drag  coefficient  based  on  projected  area. 


CDt  -  Cqp  +  CDf  (Project  Area) 


aass  Door  Drag 


Bypass  door  drag  is  calculated  in  a  manner  similar  to  the  heat  exchanger 
and  boundary  layer  bleed  drag.  There  is  an  additional  item  of  drag  that 
must  be  considered  and  that  is  the  pressure  drag  on  the  door  that  is 
exposed  to  the  free-stream.  Some  designs  may  not  expose  the  dcor  to 
the  free-stream  and  the  drag  would  not  be  present.  A  conservative  estimate 
is  to  assume  a  drag  coefficient  of  1.17  based  upon  projected  frontal  area. 

Mis  ce llaneous  Drags 


7.12,1  Screen  Drag 


Occasionally,  openings  must  be  screened  to  prevent  foreign  object 
ingestion  by  engines.  Much  data  are  available  for  determining  losses 
and  loads.  Figure  7-72  shows  a  curve  that  may  be  used  to  determine  the 


piCSOULC  thrCu^u  SuCu  a  3  CTCCl 
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upon  the  free  area  ratio  and  the  approaching  Mach  numbers 
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7. 13  Internal  Ducting  Losses 

Pressure  losses  incurred  by  ducting  the  air  internal  through  the 
aircraft  are  fully  discussed  in  Section  2.6  which  contains  information 
on  inlet  duet.  pressure  losses. 
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IB  RA-5C  Cooling  Configuration 


FIGURE  7-1.  Typical  Engine  Com>artment  Cooling  Configuration 


Airflow 


FIGURE  7-2.  Estimated  T2B  Forward  Engine  Compartment  Secondary  Airflow 
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Secondary  Airflow  »  LB/Rf!C 
Increasing  Flew 


FIGURE  7-3.  Structural  Temperature  Variation  with  Secondary 
Airflow 
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S^**Te  Gross  Thrast  C^offteimt 
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6A  Conicel  Elector 


FIGURE  /-6.  sketch  of  Ejector  Gonripur&.tions 
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Pereeni  Chanpe  In  P, 


Percent  Change  in  Pj| 


FIGURE  7-8.  Effect  of  Secondary  Airflow  on  Ejector  Performance 
-  IU  -  1.6.  35000  Ft. 
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FIGURE  7-9.  Effect  of  Secondary  Airflow  on  Ejector  Performance 
-  Mo  -  2.0,  35000  Ft. 
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Pp«B#ur*  ?5J0 


FIGURE  7-13.  Engine  Compartment  Bursting  Pressure 
Versus  Power  Setting 
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Secondary  Airflow  — * 


FIGURE  7-16.  Secondary  Airflows  Versus  Gap  Are* 
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FIGURE  7-17.  Skntch  of  RA-5C  Ground  Coolinp.  Confifurati^ri 
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Airflow  «-» 


Compartment  Bursting  Pressure 
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External  Flow 
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F1GUIU.  7-20.  Sketch  of  Interaction  between  Exit  Flow  and 
Free  Stream  Flew 
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No  External  Flow'. 


o 

t, 


Exhaust  Nozzle  Fressme  ratio,  ^Tj/FSq 


••  ‘•'URL  7-24.  Perl ornanae  or  t.> -?  (Q-fep  O' Mr,i- 
Exhaust-  Nozzle  vi  In  External  Flow 


Ratio 


Free  Stream  Airflow 


FIGURE  7-27.  Sketch  of  RA-5C  Enpine  Compartment  Pressure  Relief 
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Secondary  Air  flow  Pressure  Ratio.,-*  l'iS/'p0 


Flow  Coefficients  for  RA-5C  Engine  Compartment 
Pressure  Relief  Door 


B0KKNC1ATURE 

Aq  -  Total  Plate  Are*,  Sq,  In. 

Djj  -  Mean  Hydraulic  Diameter  of  a  Flow 
Passage,  In. 

f  -  Function  of  O'-,  Defined  by  Equation  1. 

JL  -  Mean  Length  of  a  Flow  Passage,  In. 

•»  Parallel  Haeh  Number  Over  Material. 

P„  -  Static  Pressure  Above  Material,  PSF. 

© 

0O  -  Porosity,  Ratio  of  Total  Open  Area  to 
Plate  Area. 

0^  -  Apparent  Porosity  Defined  by  Equation  2. 

Tt  -  Absolute  Total  TerqJerature,  Degrees  Rankine. 

*0 

Vf  -  Mass  Rate  of  Flow  Through  Material,  Lb/Sec. 

£a  -  Static  Pressure  Ratio  to  Standard  P0/21l6. 

®To  -  Total  Temperature  Ratio  to  Standard  TT0/5I8.7. 

g  -  Function  of  -^/Dy*  &Q  dP/P0  Defined  by 
Equation  2.  * 


FIGURE  7-31 


7-63 
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FIGURE  7~33.  Recovery  Characteristics  of  a  Flush 
Rectangular  Inlet. 

Reference:  (HASA  MEMO  12-21-58L) 
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Mass  Flow  Ratio  m./m 
1  o 

FIGURE  7-34.  Drag  characteristic  of  a  flush  Rectangular 

inlet  . 

Reference:  (NASA  MEMO  12-21-58L) 


Pressure 


FIGURE  7-35 

Reference: 


Recovery  Characteristic  of  a  Flush 
Rectangular  Inlet. 

(NASA  MEMO  12-21-58L) 


Corrected  Drag 


Hass  Flow  Ratio  va^/m^ 


FIGURE  7-36  Drag  characteristic  of  a  flush  Rectangular 

inlet. 


Reference:  (NASA  MEMO  12-2I-58L) 
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Ot.2  0.4  0.6  0.8  1<0 


Mass  Flow  Ratio  w^/m^ 

FTGUP£  7-39.  Drag  characteristic  of  a  flush  Rectangular 

Inlet. 

Reference:  (NASA  MEMO  12-21-58L) 
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Pressure  Recovery 


Mass  Flew  Ratio  m/m 
1  o 


FIGURE  7-40.  Recovery  Characteristic  of  a  Flush 
Rectangular  Inlet. 

Reference;  (NASA  MEMO  12-21-58L) 


7-71 


0  0.1  0.2  0.3  0.4  0.5  0.6  0.7  0.8  0.9  1.0  1.1  1.2  !.■ 


Has  a  Flow  Ratio  u^/in^ 


HGURE  7-41.  Drag  characteristic  of  a  flush  Rectangular 
Inlet. 


Reference:  (NASA  MEMO  12-21-58L) 
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Corrected  Ere*  Coefficient  Cj,.CDR* 


FIGLRJi  7-43.  Drag  characteristic  of  a  flush  Rectangular 

Inlet. 

Reference:  (NASA  MEMO  12-21-38L) 
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FIGURE  7-45.  Drag  Characteristics  of  a  Flush  rectangular 

Inlet  using  a  7°  approach  ratnp  with  diverging 
vails.  ^IACA  Submurged  Inlet.) 
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ratio  A/A 


FIGURE  7-46.  Variation  of  required  inlet  area  with  mach  number 
for  operation  at  equal  mass  flows  and  minimum  drag 
for  each  flush  rectangular  inlet. 


Boundary-layer  aaaa-flow  ratio,  w/b1 


Boundsry-layer  total-ao-sentum  ratio,  $/* 
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Local-stream  Mach  number,  Mt 

FIGURE  7-49. 

Momentum  ratio  for  various  fractions  of  boundary  layer. 
Velocity  profile  parameter  N=7. 

Reference:  NACA  TN  3583 
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Total-pressure  recovery, 


FIGURE  7-50. 

Total  pressure  recovery  of  attached  rectangular 


boundary  layer  inlets  for  various  inlet  heights. 
Velocity  profile  parameter  N=7. 

Reference:  NACA  TN  3503 
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Boundary- layer  parameters 
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Stream  Mach  Number, 


MO 


Boundary  layer  thickness  ahead  of  Inlets. 


Ratio  of  average  Boundary  layer  values  to  free 
stream  parameters. 

FIGURE  7-51.  Test  of  Submerged  and  Scoop  Inlet. 
Reference:  NACA  RM  E53L28b 
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FIGURE  7-52.  Total  pressure  Recovery  of  Submerged  and 
scoop  inlets. 

Reference;  NACA  RM  E53L28b 
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measured  values  to  theoretical  values 
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-55.  Typical  Heat  Exchanger  Effectiveness  Curves. 
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FIGURE  7-57.  Pressure  loss  through  heat  exchanger  u«ed 
In  example. 
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FIGURE  7-bO.  Boundary  Layer  diverter  geometry. 
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'I G'JHT:  7-61.  Turbulent  Boundary  Layer  Profile  Characteristics!. 
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Mach  Humber,  M0 


FIGURE  7-62.  Turbulent  Boundary  Layer  Prefile  Characteristics. 
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FIGURE  7-64.  Free-atream  Reynolds  Numbe 
Per  Unit  Length. 
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FIGURE  7-67.  Wedge  diverter  pressure  drag  coefficient. 
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FIGURE  7-70.  Wedge  Diverter  Skin-Friction  Multiplication  Factor. 
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